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INTRODUCTION

This volume contains copies of the technical papers presented at
the ‘*“NACA 1957 Flight Propulsion Conference,’’ held at the Lewis
Flight Propulsion Laboratory on November 21 and 22, 1957. A list of
those attending the conference is included.

The original presentation and this record are considered supple-
mentary to, rather than substitutes for, the Committee’s system of

complete and formal reports.

NATIONAL ADVISORY COMMITTEE
FOR AERONAUTICS
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1. INTRODUCTORY CONCEPTS

By Edgar M. Cortright, J. Howard Childs, DeMarquis D. Wyatt,
and David S. Gabriel

THE CHOICE

It is clear that the military planners today face some difficult and
far-reaching decisions concerning the choice of deterrent weapons to be
developed for the future. These weapons systems include the manned bomber
and the unmanned missile for sustained flight within the atmosphere; the
glide bomber; and, beyond the atmosphere, the intercontinental ballistic
missile and the satellite bomber. All these systems have their chemical
and nuclear counterparts. Although each has its own virtues, only the
ICBM has been assured of vigorous support at the moment of this writing.

This situation is at least in part due to the fact that these vari-
ous weapons systems have a common vice. They are all expensive and time-
consuming to develop. This does not mean that only the least expensive
system should be developed, however, or that only one should be developed.
Since each unit is capable of such vast destruction, fewer units are
needed. Therefore, the choice may be made on the basis of criteria other
than cost. It is probable, however, that all these systems cannot be
developed simultaneously.

One of the most tensely awaited outcomes of this deliberation will
be the role of the air-breathing engine. Most of the aircraft industry
has been developed around this type of engine and the airframe it powers.
Before a rational decision can be made, however, a vast amount of infor-
mation must be gathered about the various weapons systems. This is the
purpose of these first five papers - to contribute to this fund of infor-
mation by presenting an appraisal of the ultimate performance capabilities
of aircraft and missiles powered by air-breathing engines.

CRITERIA OF MERIT

There are many criteria of merit to be considered in evaluating any
type of weapons system. Some of the more important are range, speed,
weight, payload, accuracy, reliability, vulnerability, development time,
useful life, cost, flexibility, and logistics. Of these, only range,
speed, weight, and payload have been evaluated. The other criteria, with




the exception of development time, are beyond the scope of this study.
In this regard it seems probable that ten years would be required to
develop an aircraft or missile utilizing the powerplants discussed herein.

REGIONS OF SUSTAINED FLIGHT

The probable regions of future sustained flight within the atmos-
phere are presented in figure 1. Today none of our subsonic manned air-
craft has an unrefueled radius approaching the 5500-mile target distance
established by the military some years ago (the 6500- and 8500-mile marks
in the figure are hypothetical future goals considered in paper 5 on
Mission Studies). Admittedly, the manned aircraft can extend the useful
radius by aerial refueling, "fly-over" missions, and, from a deterrent
point of view, could even be considered for their one-way capability.

The unmanned Snark, however, attains the 5500-mile range, since its mis-
sions are all one way.

The supersonic bomber, the B-58, utilizes a split-speed mission to
achieve a fairly limited unrefueled radius. The currently proposed sec-
ond generation of supersonic bombers, the WS-110, are designed to cruise
at Mach 3 over ranges approaching those of our current subsonic bombers.
Still longer ranges are certainly desirable, and again the one-way missile
can achieve them, as typified by the now defunct advanced version of the
Navaho. This missile represented the only ramjet-powered bombardment
vehicle.

The WS-110 and the advanced Navaho probably represent sbout the lim-
its to which present technology can be pushed. The question is whether
additional research and development can yield appreciably better perform-
ance for both the plloted bomber and the unmanned missile. Examination
of figure 1 indicates that the most obvious need of the manned bomber is
greater range capability. If missile performance i1s to advance appreci-
ably beyond that projected for the Navaho, flight at very high stagnation
temperature will be necessary.

COOLING

The temperature problems of high-speed flight are visualized in fig-
ure 2 where various skin temperatures are plotted as functions of flight
Mach number. Also indicated are some assumed materials limits for com-
bustor and other surfaces.

Radiation cooling at the high altitudes accompanying high speeds is
sufficient to maintain the external surfaces at marginally acceptable
levels. Unfortunately, the interior passages cannot radiate. Above Mach
4.5 the subsonic diffuser temperature exceeds the materials limits and,

I-¢6LY
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hence, these surfaces must be cooled. Since this temperature would also
apply to the compressor of turbojet-type engines, and since cooled com-
pressors are not foreseeable, Mach 4.5 probably represents the absolute
upper limit for this type engine. Actually, an upper limit closer to
Mach 4 is probably more reasonable, and even at this speed the lubricants
must be cooled.

For the range of flight speeds where the diffuser temperatures are
well below combustor temperatures, film cooling can be used to minimize
fuel-cooling requirements even though the temperature of the cooling film
of inlet air actually exceeds materials limits.

FUELS AS COOLANTS

Because the concept of cooling with the fuel as it flows from the
tank to the combustor has been introduced, the adequacy of such a source
of cooling should be discussed. JP fuels and ethyldecaborane break down
if they are permitted to heat up much. Cryogenic fuels like diborane,
liquefied methane, and liquefied hydrogen cannot be maintained as liquids
if their temperatures are allowed to rise. However, since they are burned
as gases, this is not particularly worrisome provided that any phase
change occurs before the cooling passages and that the resulting gas has
a reasonably high specific heat and can be heated to elevated temperatures.

In figure 3 the resulting cooling capacities of the aforementioned
fuels are compared. It was assumed that no fuel cooling is required
below Mach 4 and that all cooling is done by the fuel above that speed.
Only liquefied methane and hydrogen showed appreciable cooling capacity
above Mach 5. Hydrogen is markedly the best fuel for cooling purposes,
largely because it can be heated close to the limiting temperature of the
cooled surfaces.

It should be pointed out that the Mach number at which the heat load
exceeds the fuel sink capacity can be extended by flowing excess fuel into
the combustor. This fuel-rich operation reduces the impulse, of course,
but at a rate that decreases with increasing speeds.

RANGE

It has thus been indicated that there exists no fundamental limit
that precludes flight in the atmosphere to Mach numbers approaching and
exceeding 10. This does not mean that flight at that speed is desirable.
One obvious question is what ranges are attainable at these hypersonic
speeds. Some of the considerations necessary to answering this question
are shown in figure 4. The range equation,

—
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consists of the terms, impulse, velocity, lift-drag ratio, centrifugal-
force effect, and a log function of fuel- to initial-gross-weight ratio.
All of these terms except velocity and centrifugal force decrease with
increasing flight speed in the indicated manner. The net result is that
range will maximize at some point in this speed range.

Much of the material in the following papers will discuss how to
attain the highest possible values of the terms over which there is some
control: impulse, lift-drag ratio, and fuel- to initial-gross-weight
ratio. In this regard it should be noted that the discontinuity in the
variation of fuel- gross-weight ratio illustrates one method of maximizing
this value at the start of cruise. That is, to provide a disposable boost-
er as must be done in the case of the ramjet engine.

SELF-BOOST

Since the ramjet engine requires at least some boost, differentiation
is necessary between this engine type and those utilizing turbine-driven
compressors with take-off capabilities. The distinction may be clarified
with the aid of figure 5. At speeds much below Mach 1 the ramjet produces
no useful thrust, whereas relatively low pressure ratio compressors are
quite effective. In general, at low speeds, the higher the pressure
ratio, the better the performance. As speed is increased, however, the
higher the pressure ratio, the sooner the performance falls below that
of the ramjet. The compressor and turbine are merely in the way at high
speeds where most of the compression occurs in the air-induction system.

Because the self-boost capabilities of the turbine type engine are
essential in some applications, paper 3 is devoted to discussing the var-
ious turbine cycles that may be utilized to drive the compressor.

MATCHING

Among the many problems introduced by operation over a wide speed
range, as required by self boost, is that of matching the air inlet and
the Jjet exit nozzle to the air-handling capacity of the engine. This
problem is illustrated in figure 6 where relative areas of an ideal inlet
and exit are plotted as a function of flight Mach number for a hypotheti-
cal turbojet engine. The ideal areas are merely the areas of the capture
stream tube and the discharged jet at ambient static pressure.
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The problem is simplified by considering the engine as approximating
a fixed throttling device. The higher the flight speed, the more air can
be forced through the engine. Conversely, if the inlet and nozzle are
sized (as in the sketch of fig. 6) to capture and discharge the airflows
at Mach 4, they are much too large at Mach 1.5. Unless the inlet is
varied to bypass the excess air in a sophisticated manner at off-design
speeds, large drags can result. The nozzle must also be adjusted to the
discharge stream-tube area or suffer thrust penalties. At the same time,
the adjustment must not incur large boattail drags.

Although these curves are for a turbojet engine, they look much the
same for a ramjet engine having a fixed combustor and nozzle throat. At
the higher operating speeds of the ramjet, the matching problem becomes
much more severe as indicated by the increasing rate of change of stream-
tube area with Mach number. Nozzle-throat-area variation somewhat miti-
gates this problem by providing a degree of engine flexibility. Neverthe-
less, it is very difficult to make a good cruise engine provide much self-
boost capability for the hypersonic ramjet.

FUEL HEATING VALUE

The basic engine types and some of their inherent off-design prob-
lems having been introduced, it is of interest to return to design-point
operation and the problem of maximizing the terms of the range equation
over which some control is possible. When the impulse term 1s considered,
the heating value of the fuel is certainly of paramount importance. In
figure 7 the heating values of the more prominent fuels are shown. The
superiority of hydrogen is clearly indicated by a heating value 70 percent
greater than that of its nearest competitor, diborane. This fact, com-
bined with its greatly superior cooling capacity, makes hydrogen extremely
interesting as a fuel for long-range hypersonic flight. One of its dis-
advantages, low density, will be considered later.

DISSOCIATION LOSSES

It is not at all certain that all the heating value of the fuels
listed in figure 7 can be realized. The combination of high temperatures
and moderate pressures in the combustion chamber at high Mach numbers
results in dissoclation of the fuel and air into many components. This
dissociation absorbs energy and unless the components recombine into the
products of combustion within the nozzle, the full heating value of the
fuel is not realized.

The implications of this possibility are illustrated in figure 8

where thrust per unit airflow is plotted as a function of flight Mach
number. The upper curve represents the thrust obtained with equilibrium
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expansion (full recombination) and thus represents full realization of
the heating value. The lower curve, denoted frozen expansion, corresponds
to the maximum loss due to dissociation. The difference between the two
curves thus represents the loss in sensible enthalpy.

RECOMBINATION

The possible losses clearly become very large at hypersonic speeds
and whether or not equilibrium expansion occurs is a question of major
import. Figure 9 illustrates this question with an example using hydro-
gen as a fuel. The various constituents at the entrance to the nozzle
are listed along with that percent of the sensible enthalpy loss that is
tied up in the particular constituent. Within the nozzle the temperature
drops because of the expansion of the flow. As the temperature drops,
the indicated reactions begin to take place recombining the many constitu-
ents into the two products of combustion. If all these reactions go to
completion, there are no dissociation losses.

Unfortunately, the rates of all these reactions are not known. 1In
particular, those involving hydrogen molecules and hydroxyl radicals are
in doubt, and these chemical species contain 58 percent of the potential
enthalpy loss due to dissociation. While research proceeds to establish
these recombination rates, the hope is that the reactions will go nearly
to completion in the large nozzles which will be of concern. Most of the
calculations to be presented will thus assume equilibrium flow, although
the effect of frozen composition will occasionally be illustrated.

COMPONENT PERFORMANCE

Obtaining large values of impulse involves more than large heating
values. High efficiencies must be attained in the inlet and the exit
nozzle as illustrated in figure 10 along with some other interesting ob-
servations. It is immediately apparent from this figure that very high
impulse levels relative %o a rocket may be realized. This, of course, is
necessary for sustained flight in the atmosphere but also indicates the
potential of the ramjet as a booster.

Spotted on the curves for Mach 4 and 7 ramjets are the inlet kinetic
energy efficiencies corresponding to the particular values of impulse and
inlet pressure recovery (kinetic-energy efficiency MKE is the efficiency
of the inlet in converting the free-stream kinetic energy into pressure
within the engine). The highest indicated value of MKE = 0.97 repre-
sents the best of current inlets and corresponds to realization of most
of the available impulse. It is interesting to note that this value may
be achieved with a much lower pressure recovery at Mach 7 than at Mach 4
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and that good values of impulse may be obtained with much lower values of
pressure recovery. In general, it should be remembered that ngp = 0.95
represents good inlet efficiency.

The fact that increasing pressure recovery from 0.35 to 0.70 does
not result in correspondingly large increases in impulse should not be
taken to mean that the attainment of high pressure recovery is not im-
portant in itself. Under some circumstances it can be vitally important
since, for a given developed engine, doubling the recovery doubles the
airflow through the engine and more than doubles the thrust. For light-
weight engines designed to fit a particular mission, however, NKE is
more indicative of the impulse and the range.

Also shown in figure 10 is the decrement from ideal impulse due to
using an actual nozzle having a velocity coefficient of 0.97 in addition
to being slightly underexpanded (this decrement is smaller at Mach 4).
Refined nozzle design may regain up to half of this loss. The following
paper on Inlets, Exits, and Cooling Problems discusses in more detail the
problems of attaining efficient performance of these components.

LIFT-DRAG RATIO

Efficient performance of the inlet and exit components must include
low drag as a factor, since this influences another term of the range equa-
tion, L/D. Of course, L/D is more importantly influenced by other fac-
tors that are discussed in paper 4.

Shown in figure 11 is the variation of L/D with flight Mach number
for currently efficient wing-body combinations. The problem is to obtain
as good or better values of L/D with actual long-range configuratious,
with powerplants installed, and with sufficient fuselage volume to store
the required quantities of fuel. That this may be difficult is better
understood when one realizes that the powerplants become an increasingly
large part of the total configuration with increasing speeds. Also, use
of hydrogen as a fuel necessitates low-density fuselages, which are detri-
mental to the attainment of high values of both L/D eand high values of
fuel- to gross-weight ratio, the remaining term of the range eguation to
be considered.

REMARKS

This paper constitutes a sketch of the basic ideas to be explored in
more detail by papers 2, 3, 4, and 5. The requirement of a new engine
for the ultimate in manned bombers with take-off capebilities will be
considered. The requirement of a new technology for the hypersonic ramjet
missile will also be considered. Here, is invisioned a "cooled" missile

o




with all surfaces glowing red hot; a missile that contalns hydrogen fuel
in both a cold liquid and a hot gaseous form. As imposing as the attend-
ant problems may seem, they certainly lie ahead if the ultimate capabili-
ties of the type of weapon are to be realized.
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2. INLETS, EXITS, AND COOLING PROBLEMS
I. - INLETS

By James F. Connors and John L. Allen

Introduction

As design flight speeds are pushed progressively higher, the super-
sonic inlet becomes an increasingly important component of air-breathing
propulsion systems. Currently, the turbojet engine is being considered
for application at Mach numbers up to approximately 4 and the ramjet en-
gine for application in the hypersonic region, or Mach numbers of 5 and
above. Herein the inlet situation is surveyed and the merits of the
various inlet-design philosophies are assessed on the basis of recent ex-
perimental data obtained at Mach numbers up to 5. These trends are then
extrapolated into the hypersonic range for an analysis of the performance
potentialities of the various ramjet-inlet configurations.

General Inlet Discussion

The three basic types of compression system that will be considered
are illustrated in figure 1. These schemes shall be referred to accord-
ing to their mode of compressing the flow, i.e., external or internal
compression relative to the cowl lip. External supersonic compression
is accomplished outside the cowl by turning the flow in one direction,
radially outward by means of a protruding ramp or spike. The internal-
compression scheme, on the other hand, accomplishes all the compression
inside the cowl and is capable of high performance, provided that the
characteristic starting problem can be handled. In order to start a
highly contracted supersonic inlet, complexity must be added in the form
of variable geometry, because the contraction ratio between the entrance
and the throat must be decreased drastically before supersconic flow can
be established within the inlet. The lower sketch in figure 1 shows a
system utilizing both external and internal compression. This scheme has
a similar starting problem as the all-internal-compression configuration,

although to a somewhat lesser degree.

In order to demonstrate graphically this starting problem, which is
characteristic of any inlet employing large internal contraction and,
secondly, to illustrate the shock-boundary-layer interactions that occur
within the inlet duct, selected frames of a motion-picture sequence of a

two-dimensional, external—pWsion inlet at Mach 3.05
2
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are shown in figure 2. This configuration was similar to that schemstical-
ly represented in the lower sketch of figure 1, but had a variable bypass
door ahead of the throat to permit starting. Rectengular glass sideplates
were installed on the model to allow schlieren observations of the flow
inside the inlet. Figure 2 illustrates one complete cycle of the starting
procedure, which must be repeated each time the terminal shock is expelled.
Note the extensive separation occurring in the vicinity of the terminal
shock system (fig. 2(d)) during supercritical operation. The point of
incipient separation moves forward towards the throat as the back pressure
is increased until critical operation (fig. 2(e)) is attained. These
observations accentuate the need for boundary-layer control in the high-
Mach-number inlets.

The geometry and performance variations obtained for these various
compression systems will now be considered in detail. With respect to
the inlet, the two parameters that best describe over-all performance
are total-pressure recovery and external drag. This drag, of course,
can consist of cowl-pressure drag, additive or spillage drag due to flow
deflection ahead of the cowl lip, and bleed drag due to flow being re-
moved internally for boundary-layer control and then being returned to
the free stream. Obviously, at any given Mach number, a good inlet
would be one having both high recovery and low drag.

In figure 3, the interrelation between recovery and drag is examined
for various flight Mach numbers. As determined in reference 1, the
ordinate indicates the increase in drag coefficient (based on the captured
free-stream tube area) that can be tolerated for a unit increase in
pressure recovery in order to maintaln a constant range. This is referred
to as a range "break-even" condition. At low Mach numbers, a large
increase in drag coefficient is permissible for a given increase in
recovery. At high Mach numbers, only a small increase in drag coefficient
1s tolerable for the same increment in recovery. For example, this
difference between Mach 2.0 and 5.0 is a factor of 5 to 1. Thus, there
1s an increasing sensitivity to drag coefficient with increasing flight
speeds.

External-compression inlets. - Historically, large amounts of experi-

mental performance data have been obtained on the various types of external-

compression inlet. Attention here (fig. 4) is on the most refined form of
external compression, that is, an inlet utilizing a continuously contoured
isentropic-compression surface. This inlet attains the highest level of
recovery for all-external compression, but it also has a theoretical limit
(ref. 2) based upon flow conditions at the compression-fan focus point.
This limit on maximum compressive turning is determined by the requirements
of a pressure balance and equal flow direction across the vortex sheet
emanating from and immediately downstream of the focal point.
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Generally, peak recovery is attained when the cowl lip is alined with
the local flow behind the compression fan. This results in an inclined
lip and, hence, drag. Thus, with increased turning, both recovery and
drag would increase. In practice, compromises are usually made wherein
an internal shock off the cowl is taken in order to reduce the cowl-lip
angle.

Boundary-laver control was provided through a ram scoop located in
the throat. This is schematically represented by the sketch inserted in
figure 4. Significant performance gains are to be had with this type of
bleed (see ref. 3 for two-cone-inlet results).

The inlet shown in the lower part of figure 4 was designed specifically
for high Mach number application (M >4.0). In this case, the cowl-lip
drag has been eliminated by sacrificing some potential recovery by limiting
the amount of external compression. This limit was determined by the
requirements for shock attachment on a cylindrical cowl. At these high
design speeds, the subsonic entrance Mach number was low enough to permit
the use of an abrupt area discontinuity, or subsonic dump, without large
loss in recovery. In fact, at Mach 4.0, the calculated turning loss for
a cylindrical cowl with a constant-area throat section (as discussed in
ref. 4) 1is about the same order of magnitude as this dumping loss which
is based on a recovery of only the static pressure behind the normal

shock.

Boundary-layer control through a rearward-facing flush slot is
provided in the throat to handle any pressure feedback originating down-
stream thereof. The short-length, light-weight possibilities of this
arrangement are obvious.

The theoretical recovery limits for these external-compression inlets
are shown for a wide range of Mach numbers in figure 5. Reference lines
of constant kinetic-energy efficiency are also included. In the turbojet
range of application, the theoretical limit for maximum turning is gquite
high and has decreased from 0.99 at Mach 2.0 to 0.68 at Mach 4.0. 1In
the ramjet range, where kinetic-energy efficiency can be used as a guide,
recovery levels corresponding to efficiencies of approximately 95 percent
can be attained up to Mach 7.0. For the zero-cowl-drag, limited-
compression case, kinetic-energy efficiencies of about 92 percent can be
achieved. For this case, dumping losses have been taken into account.
The corresponding recoveries are based on a recovery of only the static
pressure behind the normal shock, or a full loss of the subsonic dynamic

pressure.

Internal-compression inlets. - Cowl-1lip drags can be eliminated by
using an internal-compression system which, furthermore, dces not appear
to have any theoretical limits on recovery. Two axisymmetric versions
of this system are shown in figure 6. The upper sketch illustrates a
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configuration without any centerbody, which simply is a convergent-
divergent diffuser with small included angles (approximately 8°). This
inlet is quite long, 2 to 4 inlet diameters in the supersonic portion
alone. This length is dictated by the necessity of meintaining small
pressure gradients on the boundary layer in order to avoid separation
difficulties. For starting, a large throat bypass is provided. After
starting has been accomplished, boundary-layer bleed around the throat
periphery and some constant-area section are generally needed for shock
stabilization.

The lower sketch shows an internal-compression inlet that utilizes
a small angle centerbody which can be translated to vary the contraction
ratio between the entrance and the throat. For starting, long transla-
tion distances are required, approximately 2 inlet diameters. Otherwise
this inlet is similar to the upper configuration in that both are long
because of boundary-layer considerations and both are in need of throat
bleed.

External-plus-internal-compression inlets. - The all-internal-
compression inlets, thus, do not appear attractive on the basis of over-
all length and spike translation requirements. In comparison, several
configurations using combined external-plus-internal-compression systems
look somewhat better in this respect. These configurations are illustra-
ted in figure 7. The top sketch shows an axisymmetric version having a
low-angle centerbody. A cylindrical cowl is used with the lip located back
on the initial conical shock. Internal compression is accomplished by a
number of reflecting shocks in the gradually convergent passage ahead of
the throat. With this inlet, the spike translation requirement for
starting is only about half of that for the corresponding all-internal-
compression scheme, shown previously in figure 6. The over-all length
of this inlet is still quite large.

In the center sketch of figure 7, another axisymmetric version of
the combined external-plus-internal-compression system is shown. This
inlet has a larger angle centerbody (e.g., a 20° half-angle cone at Mach
3.0 was used in ref. 5) than the top arrangement and accomplishes the
internal compression of the flow through a system of shocks, generated
by the internal cowl surface and focused on the sharp shoulder of the
centerbody. Boundary-layer bleed is provided in the form of a flush
slot ahead of the throat. In this case, the starting translation re-
quirements for the centerbody are only a fraction of that required by the
top inlet. The over-all length of this configuration is also much less
than that of the top inlet.

In the bottom sketch of figure 7, a two-dimensional version of an
external -plus-internal compression inlet is illustrated. This configuration
was used in the motion-picture sequence of figure 2. Briefly, isentropic
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contoured ramps are used to generate both external and internal focused
compression with a low drag cowl. A small variable bypass door is pro-
vided ahead of the throat to cope with the starting problem. This bypass
is a relatively small component of the over-all inlet system and, compared
with translation or rotation of major compression surfaces, should be
mechanically much simpler and faster. In the flush or design position of
the bypass door, a small gap is left for boundary-layer bleed.

Experimental results. - Detailed performance data obtained with these
various inlet geometries in recent experimental investigations are given
in table I. Peak performance levels are indicated for each type. These
experimental results will serve as the basis for trends and conclusions
to be drawn in the subsequent discussion.

Experimental pressure-recovery levels obtained with the various
inlet systems are indicated in figure 8. Bands of recovery against Mach
number are presented and identified only by the basic type of compression
system. The all-internal-compression systems attained the highest recovery
levels corresponding to kinetic-energy efficiencles greater than 0.97
with zero cowl-lip drags. However, with the attainment of these exceptional-
ly high recoveries, there was an attendant large bleed requirement; e.g.,
30 and 25 percent of the air entering the cowl had to be removed at Mach
3 and 5, respectively. When attempts were made to reduce this bleed at
Mach 5, the recovery correspondingly decreased. At this particular Mach
number, a 6 percent bleed requirement existed at the lower boundary and
the recovery was down to 0.41. The rest of the inlets all had moderate
bleed requirements (less than 10 percent of the inlet mass flow). Of
the three systems, the external-compression inlets showed the lowest
levels of peak performance. The maximum-turning case, however, still
attained kinetic-energy-efficiency levels of 97 percent at Mach 2 and
95 percent at Mach 4. The cylindrical-cowl version indicated kinetic-
energy efficiencies of 90 to 92 percent at Mach numbers from 4 to 5.

Turbojet Inlet Considerations

So far, the discussion has dealt only with the general inlet problem
of attaining high pressure recovery with low external drag. In the appli-
cation of these various geometries to the high-Mach-number turbojet,
additional inlet operating problems such as the following arise: (1) sub-
critical operation, (2) angle-of-attack effect, (3) diffuser exit flow
distortion, and (4) engine matching. With the high-recovery inlets
there is no stable subcritical operating range at design speeds. The
high-performance external-compression inlets encounter "buzz" or shock
instability, whereas the other types with large internal contraction
suffer large performance penalties due to expelled-shock operation. All
axisymmetric inlets with high recovery capability are sensitive to




angle of attack with rather severe losses occurring at angles of 5° or
more. However, the inlets may be sheltered from angle-of-attack effects
by favorable environmental locations on the airplane configuration, such
as under the wing or under a flat-bottom fuselage. This is discussed in
paper 4 on Configuration Considerations. Design criteria for maintaining
low distortion levels (refs. 6 and 7) have been established for Mach

numbers up to 3 or 4. At the higher speeds, inlet data per se are generally

lacking. Some consideration will now be given to the primary problem cf
matching an inlet to the high-Mach-number turbojet.

Engine matching. - The off-design matching requirements for the
handling of excess inlet airflow are shown in figure 9 for a hypothetical
Mach 4 turbojet engine operating with an assumed recovery schedule.
Typically, large quantities of air must be diverted from the engire at
the low Mach numbers; e.g., at Mach 2.0, as much as 70 percent of the
possible inlet airflow must be spilled in some manner. This is entirely
a function of the particular engine airflow schedule and is independent
of any additional boundary-layer bleed requirements. The efficiency of
handling such excess air can be vitally important to the over-all power-
plant performance at off-design speeds.

The associated drag penalties in percentage of net engine thrust

for the various methods of handling this excess air are shown in figure
10. The additive or spillage drags attendant with diverting flow around
the cowl by means of a bow shock or an oblique shock generated by a 30°0-
half-angle cone result in clearly prohibitive drag penalties. These
values bracket those resulting from inlets having large-angle centerbodies
(as is typical of the axisymmetric external-compression inlets). If

the corresponding spillage were achieved through an oblique shock
*geBerated by a 150-half-angle cone, the drags would be quite low. This
would be the type of spillage achieved by the axisymmetric low-angle-
centerbody external-plus-internal-compression inlet. Two-dimensional
external-compression inlets, of course, may achieve low drags by reducing
ramp angle at the lower speeds.

The drags assoclated with taking the excess inlet air aboard and
then rdturning it to the free stream by wmeans of a bypass ahead of the
tompressor face are also shown in figure 10 for the conditions of sonic
and full-expansion discharge. A thrust coefficient of 0.9, which

corresponds to about a 15° discharge angle, was assumed in the calculation.

Both bypass drags are somewhat higher than the oblique shock values for
a 15°-half-angle cone.

Other possibilities for handling excess airflows (which will not be
considered here) include bypassing the excess air around the engine and
using it in the base area, 1in the overexpanded portion of the exhaust
nozzle, or even in conjunction with heat addition in the bypass duct for
thrust augmentation (as in the turbofan engine).
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Inlet comparisons. - The design-point characteristics of the various
inlet systems for the Mach 4.0 turbojet application are summarized in
table II. The three basic inlet types (i.e., external, internal, and
combined external-plus-internal compressiocn systems) are compared on the
basis of factors that would influence the selection of a particular
geometry. Weak points in the argument for any inlet type are indicated
by shaded areas within the table. The total-pressure recovery at Mach
4.0, as shown previously in figure 8, was highest for the all-internal-
compression system with a maximum of 0.75, corresponding to a kinetic-
energy efficiency of approximately 97 percent. The lowest recovery was
realized with the external-compression scheme, which shows a maximum of
0.60, or a kinetic-energy efficiency of 95 percent. Cowl-lip drag, of
course, was only a problem for the maximum-turning version of the
external-compression inlet. This can be a big penalty; for example, at
Mach 3, cowl-1lip drag alone amounted to 10 to 12 percent of engine thrust.
Variable-geometry requirements for starting are large for the all-internal-
compression scheme and somewhat less for the combined compression system.
Boundary-layer bleed requirements were moderate for all except the all-
internal-compression inlet. 1In this case, in order to achieve its excep-
tionally high recoveries, there was an attendant large bleed reguirement
(25 to 30 percent of the maximum possible inlet airflow), which is far in
excess of any airflow needed for secondary engine systems. If it were
assumed that this quantity of bleed air were returned to the free stream by
means of a bypass ahead of the compressor, even with a complete-expansion
bypass nozzle, the resulting drag at Mach 4.0 would be about 10 percent
of net engine thrust. The over-all length of the all-internal-compression
system is also higher than that of the other systems.

Based on these qualitative results, the inlet that appears best
suited for the Mach 4.0 turbojet application is the combined external-plus-
internal-compression inlet. The all-external system is eliminated because
of its large cowl-lip drags, while the all-internal system is penalized
because of its large variable-geometry and boundary-layer bleed require-
ments, and its high over-all length. The combined compression system
offers the best compromise for the Mach 4.0 turbojet.

Hypersonic Ramjet Inlet Considerations

The attainment of good off-design performance for a hypersonic ramjet
engine is even more difficult than that for a turbojet engine primarily
because of the larger inlet- and exit-area variations required with the
high design flight Mach numbers. This was shown in paper 1. The
associated variable geometry requirements are formidable problems because
of the extreme temperatures.

If the engine is designed for good range at cruise, the excess thrust
at below-design speeds is generally small. If the cruise engine is

¥



compromised in order to increase the excess thrust during self-acceleration,
the penalties at the cruise condition are large. An alternate approach,

for some applications might be to use an expendable engine for the boost
phase. This problem is beyond the scope of this study and, hence, only
inlets for on-design ramjet engines will be discussed.

Effect of flight Mach number on ramjet thrust and drag coefficients. -
The variation of design-point thrust and nacelle drag coefficients (based
on capture area) for Mach 5 to 7 is shown in figure 11. For this and
subsequent figures, the cycle calculations are for real gas properties for
stoichiometric combustion of hydrogen. The exhaust pressure was 2.5 times
the ambient pressure and the velocity coefficient was 0.97, which is defined
as the ratio of the axlal exit velocity to the ideal velocity for the
stated exit pressure. Thrust coefficients are shown for inlet kinetic-
energy efficiencies of 97 percent, which might be obtained with a high-
pressure-recovery all-internal-contraction inlet, 90 percent, which is
obtainable with external compression inlets, and 72 percent, which
approximates normal-shock-inlet performance. The assigned boundary-layer-
bleed requirements of 20 percent for the high-efficiency inlet and 10
percent for the 90 percent kinetic-energy efficiency were optimistically
extrapolated from lower Mach number experimental data. The normal-shock
inlet requires no bleed and, hence, the total drag for the engine is
composed of friction and wave or external pressure drag as shown by the
shaded region of figure 11. Wave drag was calculated by the method of
reference 8 and friction drag for radiation equilibrium temperature by
means of reference 9. (Blunt-lip drag has not been considered but should
be relatively small and not affect the relative comparison.) The fricticn
and wave drag for the high-efficiency engine is of similar magnitude.
However, the drag associated with discharging boundary-layer bleed air
can be from 2 to 4 times the sum of the friction and wave drag, depending
on whether a sonic or completely expanded exhaust is used. The thrust
coefficient decreases with increasing Mach number while the drag coef-
ficient remains nearly constant. Thus, drag becomes relatively more
important at higher Mach numbers. The difference between the thrust and
drag coefficients, or thrust minus drag, which must be equal to the drag
coefficient of the remainder of the missile, decreases not only with
increasing Mach number but also with decreasing kinetic-energy efficiency,
particularly for efficiencies less than 90 percent. Thus, the required
engine size would depend on the inlet-kinetic-energy efficiency.

Effect of inlet type. - Some of the interacting effects, such as
level of pressure recovery, various drags, size, and weight, can be illus-
trated by designing engines with different types of inlet to provide equal
thrust minus drag. A pictorial comparison is shown in figure 12 for
Mach 7.0 and an altitude of 100,000 feet. The same "ground rules" such as
nozzle and diffuser angles were used for all the engines. The combustor
length was constant and the engines are illustrated with combustors alined.
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Bleed-air passages are shown schematically, although the calculations were
for full expansion with a nozzle coefficient of 0.9 at a constant bleed-
air total temperature equal to free-stream stagnation temperature.

Engines having all-internal-compression inlets are shown for a
probably unrealistic recovery of 0.50 and for a recovery of 0.15. Both
inlets had 10°-included-angle compression surfaces and were of approximately
equal length. Although the high-recovery inlet has the greater compression,
the normal shock occurs at a Mach number of about 2.4 compared with a Mach
number of 3.6 for the 0.15-recovery inlet. Because of these contra-acting
effects and the absence of experimental data, it was assumed that the
boundary-layer bleed would be 20 percent of the capture flow for both
inlets.

Two engines having external-compression 1sentropic spike inlets
with a boundary-layer bleed requirement of 10 percent are shown. An
inclined cowl lip having an area of 10 percent of the capture area was
required for the 0.25 pressure recovery. The 0.l10-pressure-recovery
inlet had limited compression, zero cowl-lip drag, and a dump diffuser.
A normal-shock engine is shown for comparison.

The relative sizes of the engines primarily reflect the effect of
pressure recovery or kinetic-energy efficiency on internal -thrust coef-
ficient. Since the requirement was for equal net thrust, or thrust minus
drag, the various drag components also influence the size and will be
discussed later.

Also shown on figure 12 are preliminary values of engine-to-missile
gross-weight ratio. These values are for the primary structure and in-
clude regenerative cooling of the internal surfaces. In regions where
the fuel pressure would not cause local buckling, a corrugated-type
material was used. In regions where fuel pressure was high compared
with air pressure, such as the inlet and nozzle, a circumferential,
wrapped tube construction (similar to some rocket-engine nozzles) was
used. A 0.05-inch thickness of zirconia was assumed for the combustor
and a 0.035-inch thickness for the remainder of the internal areas. The
coating surface temperatures were the same as those used in part IIT of
this paper. A tensile-stress level of about 18,000 pounds per square inch
was used for Inconel X. In the interest of minimizing thermal-stress
gradients, the outer skin was assumed to be supported only at the cowl
1ip and the nozzle exit. The mount for the engine was attached to the
external skin, which was stressed for an engine weight of 3 g's. No
allowance was made for controls, fuel pumps, manifolding, or variable
geometry where needed.

The weight ratio was influenced by both inlet type and pressure

recovery. For example, the change in weight ratio for the engines having
all-internal-compression inlets is primarily due to the nearly 3 to 1

*
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ratio of internal pressures (30 atm against 9 atm) since the sizes of the
engines are about equal. In contrast, the normal-shock engine, which had
a low internal pressure (0.6 atm), was very large and had the second
highest weight ratio.

The engine with the 0.25-recovery isentropic spike had the highest
weight ratio primarily because of the high lcad on the base of the spike
and the structure needed to hold the spike. It should be emphasized,
however, that the weight factors neglected in this analysis would very
likely result in heavier welghts for the all-internal-compression engines
because of the inherently needed variable geometry. In addition, more
powerful fuel pumps would be required to raise the injection pressure above
the internal pressure and, hence, the weight of this item would be a
function of both discharge pressure and flow rate.

A breakdown of the various drag components as a ratio of drag to
net thrust for these engines is shown in the lower portion of figure 13.
Here, the engines are arranged according to pressure recovery. For the
normal-shock engine, friction was about 70 percent of the total drag
because of the large surface area; the remainder of the drag was wave or
external pressure drag. The largest portion of the drag for the other
engines was that due to bleed or cowl-lip drag for the high-recovery
isentropic spike engine (configuration C). The sum of cowl-lip and
bleed drag is the same magnitude as the bleed drag for the all-internal-
compression inlet, which was assigned the higher bleed requirement.
However, both the amount of lip inclination and the length of alinement
are also rather arbitrary assignments. Wave drag was not an important
component except for the normal-shock englne previously mentioned.

The relative heights of the drag columns represent the engine size
increase needed in order to provide equal thrust minus drag.

In the upper portion of figure 13 the range relative to that for
the normal-shock engine is plotted as a function of pressure recovery for
the various engines. In the basic range equation, the thrust minus
drag has been used in the impulse term and the effect of engine weight
has been accounted for in the logarithm term by maintaining a fixed ratio
of fuel plus engine weight to missile gross weight of 0.5.

As pressure recovery is increased from the normal-shock value of
0.011, the relative range increases rapidly to a value of about 2.2 at a
recovery of 0.10 or a kinetic-energy efficiency of 90 percent. The
relative range does not change much for pressure recoveries up to 0.25
and then increases slowly to a value of about 2.5 at a recovery of 0.50.

In summary, inlet kinetic-energy efficiencies greater than about S0
to 95 percent result in only small increases in range for hypersonic ramjet
missiles. Serious cooling and weight problems are associated with the
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variable geometry necessary to establish or start supersonic flow for
the all-internal-compression inlet needed to obtain higher kinetic-
energy efficiencies (greater than 95 percent). Even when these factors
are ignored, the increase in range over that for the simple, self-
starting all-external-compression inlet is only about 15 percent.
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II. EXITS T .

By Fred D. Kochendorfer and Gerald W. Englert

Introduction

The exit nozzle for air-breathing engines should perform two func-
tions. First, it should control airflow in a manner consistant with
optimum engine performance. Second, it shculd provide optimum thrust.
These requirements will be satisfied if the nozzle has the correct throat
and exit areas.

If the aircraft is to operate at one flight speed only, the nozzle
problem is relatively simple compared with those problems that have been
discussed for the inlet. Because the static pressure decreases continu-
ally through the nozzle, the boundary layer has no tendency to separate
and the flow can be essentially shock free. Nozzle thrusts within 98
percent of the ideal can be obtained without too much trouble.

If the aircraft is to operate over a range of flight speeds, however,
nozzle geometry must be varied to obtain optimum performance at all
speeds. For air-breathing engines, nozzle pressure ratio increases
rapidly with flight speed at the higher speeds, so that, in general,
large exit area variations will be required.

At the higher speeds, the problem is further aggravated because
even small nozzle losses are reflected as large losses in net engine
thrust. The relation between engine thrust (which includes the effect
of the inlet momentum of the engine airflow) and nozzle thrust depends
on inlet and engine performance and on flight plan; a typical case is
shown in figure 1. The loss ratio increases rapidly with flight speed
and at Mach 7, for example, a l-percent loss in nozzle thrust results
in a 4.2-percent loss in engine thrust.

This discussion studies the compromise between the mechanical

complexity and weight of the variable nozzle and the performance penal-
ties of the fixed nozzle. A Mach 4 turbojet and a Mach 7 ramjet will be

considered.
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Mach 4 Turbojet

Area variations. - Throat and exit area variations required for a
typical Mach 4 turbojet engine are shown in figure 2. The curves depend
on engine details and on flight plan and are used only to illustrate the
magnitudes of the required area variations.

A 60-percent throat area modulation will be needed, and exit ares
must be changed by a factor of about 3.0 if maximum thrust is to be
obtained.

Nozzle geometry. - Probably the simplest method for obtaining the

required area variations is to construct both the throat and the divergent

portion of overlapping leaves or flaps as shown in figure 3(a). An
ejector-type nozzle is illustrated because it cools easier and has
better off-design characteristics than the convergent-divergent nonejec-
tor nozzle. A third nozzle type, the plug nozzle, does, of course, give
excellent off-design performance in quiescent air (ref. 1). However,
reference 2 shows that in a transonic stream the jet overexpands and
large thrust penalties result. Other data, as yet unpublished, obtained
in the Lewis 8- by 6-foot supersonic wind tunnel show that the plug
nozzle is inferior to the fixed ejector at supersonic speeds as well.

In the ejector (fig. 3(a)) secondary or cooling air is admitted be-
tween the primary flow and the shroud. Throat area is controlled by
flaps. Exit area is controlled by shroud flaps that must be quite long
if the exit angles are to be small. If base area is to be avoided, flaps
must also be provided for the outer skin and these outer flaps must also
be quite long if boattail angles are to be small.

Another possibility for the outer skin is illustrated in figure 3(b).

From the inlet discussion (Part 1, INLETS), it will be recalled that
excess air is available at speeds below design. If all or part of this
air can be ducted aft, it can be used to fill the base area as indicated
for the Mach 2 position. The outer skin can be left fixed.

The question to be considered, then, is whether or not the thrust
advantage of the variable nozzle will warrant the mechanical complexity
and weight of the required flaps, actuators, and controls.

Fixed nozzle thrust. - Nozzle thrust coefficient is shown as a func-
tion of flight Mach number for several fixed nozzles in figure 4. Also
shown for reference is the variable nozzle.

The dashed curves represent the calculated performance of fixed
nonejector nozzles designed for Mach 3 and Mach 4. Clearly, the nozzle
designed for the maximum speed is not useable at lower speeds. The
important point, however, is that by designing the nozzle for a lower
than maximum Mach number large off-design thrust gains can be made. For
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the case shown in figure 4, designing for Mach 3 gives better performance
at all speeds less than Mach 3.65. The penalty at the maximum speed
point is 1.5 percent in nozzle thrust.

It can be seen, however, that designing a nozzle for a lower speed
is not a complete solution to the problem; at transonic speeds, thrust
losses still reach 30 percent. The ejector nozzle designed for Mach 3
(solid curves) is clearly superior to the nonejector at all Mach numbers
below approximately 2.5. The lower portion of the ejector curves repre-
sents performance with 2-percent secondary flow; the upper represents
the optimum. The data points are from recent tests in the Lewis 8- by
6-foot wind tunnel.

Shroud pressures. - The best way to explain the improved performance
of the ejector is to consider in some detail conditions in the divergent
portion of these nozzles at one of the lower-speed points. Conditions
at Mach 1.5 are shown in figure 5.

For the nonejector, shroud pressures were calculated from trailing
and nozzle shock-pressure-rise data (refs. 3 and 4). Shroud pressures
fall far below the ambient pressure pg- This results from two factors:

(1) The stream and the separated jet aspirate the separated region
to a pressure of 0.5 Py-

(2) The nozzle expands the flow to a pressure below that of the
separated region. The pressure just upstream of the nozzle shock is
0.3 pn-

0

The large thrust losses of figure 4 reflect these low pressures. Actually,
the nonejector thrust at Mach 1.5 is essentially that which would result
from a calculation assuming the flow to be completely overexpanded.

For the ejector with 2-percent secondary flow, the pressure measured
at the shroud exit was 0.6 p, (indicated in fig. 5). Furthermore, this

was the lowest pressure within the shroud. The amount of overexpansion
is less than for the nonejector, because the low-energy secondary flow
cannot sustain a large shock-pressure rise.

If the secondary flow is increased and additional low-energy air
is bled in through perforations, as indicated in the lower part of figure
5, shroud pressures will get even higher. However, since there is an
inlet momentum charge for the additional air, an optimum will exist.

With optimum secondary flow, the thrust penalty for using a fixed

nozzle reaches 11 percent at Mach 1 (fig. 4). For a true comparison,
however, an additional factor should be considered. In order to produce

.-
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good thrust at the lower speeds, the variable nozzle must be closed.
As a result, even with long outer flaps the variable nozzle will have
larger boattail angles than the fixed nozzle (fig. 3(a)) and, hence,
higher drags.

The fixed and variable nozzles are compared on a thrust-minus-drag
basis in figure 6. The boattall angles corresponding to the outer flap
length of figure 3(a) are indicated. Because of the higher drag of the
variable nozzle, the advantage of the variable nozzle on a thrust-minus-
drag basis is reduced to 5.5 percent at Mach 1.

Whether or not the thrust penalties of the fixed nozzle offset the
complexities and weight of the variable nozzle, will depend on factors
difficult to generalize. Certainly, excess thrust for acceleration at
the lower speeds and relative lengths of flight time at the various speeds
will be important parameters.

Mach 7 Ramjet

Nozzle problems in the higher speed range are similar to those
discussed for the Mach 4 turbojet. However, since the change in nozzle
pressure ratio per unit change in flight Mach number increases with
speed, the fixed nozzle will be limited to a much smaller range of flight
speeds.

Nozzle thrust coefficient is shown as a function of flight Mach
number for both a variable and a fixed nczzle in figure 7. Consider
first the chemical equilibrium curves. The fixed nozzle is sized for
conditions at Mach 4; data are from the Lewis 10- by 10-foot supersonic
wind tunnel. At Mach 7, the penalty in nozzle thrust for using the
fixed nozzle is 3.5 percent. This penalty is 15 percent in net engine
thrust. Furthermore, the loss at Mach 2 is clearly prohibitive. Even
if the losses at the lower speeds could be reduced by means of an ejector,
a fixed nozzle is limited to a small range of flight speeds unless large
thrust penalties are acceptable.

Another factor that can affect performance at high speeds is that
cycle temperatures exceed 4000° R. At these temperatures large amounts
of energy go into dissociation and excitation of the vibrational modes
of the working fluid. If the expansion in the nozzle is so fast that
this energy is not returned as kinetic energy, additional losses will
result. The frozen expansion curve represents the result of a calcu-
lation for which the energies were assumed to be "frozen" at their high-
temperature (combustor outlet) values. At Mach 7 the additional loss
in nozzle thrust is 12 percent.
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It was pointed out in paper 1, Introductory Concepts, that many of
the important energies should reach equilibrium. However, even small
nozzle losses can cause large losses in engine thrust and it is clear
that additional tests are required.

Conclusions

Mach 4 turbojet. - A fixed nozzle of the ejector type provides
reasonably good performance over the speed range. Whether or not penal-
ties in nozzle thrust minus afterbody drag varying from 2 percent at
Mach 4 to 5.5 percent at Mach 1 will offset the complexity and weight
of a variable nozzle will depend on aircraft and flight plane details
that are difficult to generalize.

Mach 7 ramjet. - At high speeds (Mach 5 and above), the thrust of
a fixed nozzle falls off rapidly as speed is increased above and especially
as speed is decreased below the design speed. It must therefore be
concluded that, if operation over a range of speeds is necessary, the
variable nozzle with its extreme mechanical and cooling difficulties
must be used unless large thrust losses are acceptable.

Recombination rates within the nozzle need further investigation.
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III. PRELIMINARY ANALYSIS OF HYPERSONIC RAMJET COOLING PROBLEMS

By Henry R. Hunczak and George M. Low

Introduction

One of the basic differences between flight at supersonic and hyper-
sonic speeds lies in the temperatures encountered in these two flight
regimes. At supersonic speeds, stagnation temperatures are sufficiently
low so that internal components of ramjet engines upstream of the com-
bustor do not have to be cooled. The hot parts of an engine (combustor
and nozzle) can generally be film-cooled with ram air.

At hypersonic speeds, on the other hand, temperatures may reach a
high enough level to make the cooling of all internal components mandatory.
Furthermore, since the ram air will also be hot, it cannot be used as a
coolant.

At sufficiently high speeds, therefore, all internal components of
ramjet engines will have to be cooled either with an expendable coolant
or regeneratively with the fuel; an alternative cooling scheme which
transports the internally generated heat to the external surfaces, whence
it can be radiated to the atmosphere, may also be feasible.

This paper presents the results of preliminary calculations of the
heat loads sustained by remjet engines in hypersonic flight. The heat-
sink capacity of several fuels is examined, and the heat load is compared
to the available cooling capacity. ™

~.
~
~

Symbols \\\\
a velocity of sound, ft/sec
h enthalpy, Btu/lb
M Mach number

Pr Prandtl number
Q heat load, Btu/sec
3l
preceding page blank
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heat-transfer rate, Btu/(sq ft)(sec)

q

T temperature, °R

v velocity, ft/sec

X distance parallel to surface from origin of boundary layer, ft
a absorptivity of gas

€ emissivity of wall

e' effective emissivity of wall, (e + 1)/2

£g emissivity of gas

v kinematic viscosity, sq ft/sec

0 density, 1lb/cu ft

o Stefan-Boltzmann constant, 0.48x10712 Btu/(sq ft)(sec)(°R4)
Subscripts:

aw adiabatic wall conditions

e local conditions at outer edge of boundary layer

o stagnation conditions at outer edge of boundary layer

w wall or surface conditions

rad radiation

ref conditions evaluated at reference enthalpy as given in ref. 5
0 free stream

Calculation Procedure

The numerical calculations can, for convenience, be divided into two

groups. The first comprises the inviscid-flow calculations’ which deter-
mine the internal aerodynamics and geometry of the configurations; the
second group includes the viscous-flow and radiation analyses which are
used to evaluate the heat loads.

I-26L%
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Inviscid flow. - The free-stream conditions were based on the ICAO
standard atmosphere as obtained from reference 1. For the supersonic
inlet and subsonic diffuser the stagnation and local static pressures,
temperature, and enthalpy for air were obtained by using real gas proper-
ties. Charts of these properties are published in reference 2.

For internal-coumpression inlets, isentropic one-dimensional flow was
assumed with all flow losses occurring through a normal shock at the
throat. For other inlet types, the cblique-shock losses were accounted
for. At a Mach number of 7 and below, where the stagnation temperatures
were below 50009 R, throat-shock Mach numbers were determined by using
the methods of reference 3. These methods account for caloric imperfec-
tions but neglect gaseous imperfections such as dissociation. At a Mach
number of 9, the stagnation temperatures were above 5000° R, and graphical
solutions of the gas charts were used.

The diffuser-discharge Mach number was 0.2, at which point a stoichi-
ometric fuel flow was added. The heat release was assumed to be instanta-
neous and was determined from the thermodynamic charts of reference 4.

The momentum pressure loss due to combustion was neglected. However, for
a free-stream Mach number of 7, calculations indicate that this loss is
not large for a diffuser-discharge Mach number of 0.2.

The combustor length was held fixed at 2 feet, and the exhaust noz-
zles were assumed to be fully expanded.

Viscous flow. - Convective heat transfer: The convective heat loads
were calculated using reference enthalpies (ref. 5) in the method outlined
in reference 6 for turbulent boundary layers. A zero pressure gradient,
variable property solution was employed in order to obtain preliminary
results for comparison purposes. This simplified the analysis so that a
wide range of variables could be investigated and trends could be estab-
lished. The basic equation for the local heating rate is

0.452 0.571 -0.22
q=0.043 pv (b -h) ho _De Meao o (pr)'2/3
e e aw W he of vo ref

Sample calculations indicated that this equation yields results which are
in excellent agreement with the semiempirical method of reference 5.

Flow properties, as previously indicated, were obtained from Mollier
charts (refs. 2 and 4). Transport properties were obtained from the fol-
lowing sources:

(1) Prandtl number for air: Reference 7 for temperatures up to
4500° R; extrapolated values from 4500° to 6500° R.
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(2) Viscosity of air: Reference 8 for temperatures up to 3400° R;
above 3400° R viscosities were calculated by methods of reference 8 using
self-diffusion coefficients.

(3) Prandtl number and viscosity for the combustion products of
hydrogen and air: Calculated by methods proposed in reference 9.

For integration purposes the boundary layer was considered to origi-
nate at the cowl lip, the beginning of the subsonic diffuser, and the
start of the combustor. The latter two assumptions were made because it
was anticipated that some bleed would be required at the inlet throat,
and the fuel nozzles and combustion process would disturb the boundary
layer sufficiently to wipe a large part of it away.

The majority of the calculations were made for wall temperatures of
2000° R in the inlet and subsonic diffuser and 2500° R in the combustor
and exhaust nozzle. Heat-transfer calculations for different temperatures
were made by changing only the wall enthalpy in the heat-transfer equa-
tion; the effects of this change on reference enthalpy and Prandtl number
were neglected. (This assumption is equivalent to assuming that the heat-
transfer coefficient is independent of surface temperature.)

Radiation heat transfer: Radiation from the hot stream to the cold
wall contributes to the heat transfer when water vapor or carbon dioxide
is present. ©Since hydrogen fuel was used in the heat-transfer analysis,
only water vapor contributed to the radiation heat load in the combustor
and exhaust nozzle.

Calculation procedures suggested in references 10 to 12 were employed.

The equation for radiation heat flux is

Yag = Ue‘;(egTi B G'T%J)

An emissivity of 0.35 was assumed for the wall.

Although the local convective heat loads could be scaled with engine
size, the radiation heat load cannot be scaled. Instead, radiation heat-
transfer rates were recalculated for each of the altered conditions
investigated.

Total heat load: Total heat loads were obtained by a planimeter
integration of a plot of the local heat-transfer rate as a function of
the wetted surface area.

I-¢6L%
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Results and Discussion

Representative engine. - In order to study the effect of the varia-
tion of many parameters on the heat load, a representative engine was
selected (fig. 1). An internal-compression inlet was chosen in order to
facilitate the computations. The combustor length was fixed at 2 feet,
while the combustion-chamber Mach number equaled 0.2. An inlet diameter
of 10 feet was assumed for many of the calculations. All other pertinent
dimensions are given in figure 1.

Temperatures and heat flux. - External temperatures: If the engine
is free to radiate in all directions, the external surfaces will assume
an equilibrium temperature which results when the aerodynamic heat input
is balanced by the heat radiated away from the engine.

Typical radiation equilibrium temperatures for an emissivity of 0.8
are presented as the dashed curves of figure 2. With the exception of a
small region near the leading edge, these temperatures are sufficiently
low to make the cooling of external surfaces unnecessary. At a constant
Mach number, radiation equilibrium temperatures decrease with increasing
altitude. From external temperature considerations, therefore, it is
veneficial to fly at the highest possible altitude.

Internal temperatures: The internal temperature distributions of an
uncooled engine are also shown in figure 2. As the Mach number increases,
these temperatures become intolerably high in all parts of the engine.
Because these high temperatures exceed the limits of all known materials,
all internal components require some form of cooling. The question then
arises as to the rate at which heat must be carried away in order to main-
tain allowable temperatures.

Internal heat-transfer rates of cooled engine: The heat-transfer
rate, or heat flux, of the representative engine is presented in figure 3.
The curve is for flight at Mach 9 and an altitude of 140,000 feet; hydro-
gen fuel was used for this calculation. Wall temperatures in the inlet
and subsonic diffuser were assumed to be 2000° R; in the combustor and
exhaust nozzle, where oxidation problems do not exist, a wall temperature
of 2500° R was assumed.

High heat fluxes occur in the throat regions and in the combustion
chamber (fig. 3). But even at this very high Mach number, the peak heat-
transfer rate is only about 400 Btu/(sq ft)(sec). This heat flux is about
25 percent of the heat-transfer rates currently being handled successfully
in rocket motors. It should, therefore, be possible to cool ramjet engines
in hypersonic flight without serious difficulties.

Regenerative cooling system. - The magnitude of the heat flux suggests
that a regenerative cooling system be used which makes use of the fuel as
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a coolant. The cooling capacities and impulses of several fuels are
shown in the following table:

Fuel Minimum | Maximum | Relative; Relative cooling
tempera-| tempera-| specific capacity
ture, ture, impulse |Inlet and|Combustor

OR Or subsonic |and nozzle
diffuser

Hydrogen 37 2500 100 100 100
Diborane 194 600 45 5.4 10.2
Ethyl

decaborane 520 760 38 2.0 2.7
Methane 201 1520 35 15.2 28.6
Stable

JP type 520 1060 31 5.4 11.5

Results in this table are for stoichiometric fuel-air ratio and

flight at Mach 7 with the engines scaled to provide equal internal thrust.

The minimum temperatures for the cryogenic fuels are their boiling point.
The maximum temperatures for all fuels except hydrogen were determined
from limits imposed by the degradation of the fuel; hydrogen has no such
limit, and the material temperature limit of 2500° R was, therefore,
chosen as a maximum.

The relative cooling capacity is a function not only of the heat-
sink capacity of the fuel but also of the relative heat load of the sev-
eral fuels. The heat-sink capacity is related to both the specific heat
of the fuel and the temperature rise during the cooling process. The
heat load depends on the heat-transfer coefficient, the surface area, and
the enthalpy of the gas (air or combustion products) at the wall and
adiabatic wall temperatures. The difference in relative cooling capaci-
ties of the cold parts (inlet and diffuser) and the hot parts (combustor
and nozzle) of the engine is due to the different enthalpies of air and
of the products of combustion. Heat-transfer coefficients were not ad-
Justed for the different fuel types.

When compared with hydrogen, the cooling capacities of the two boron
fuels and the jet fuel are very low. This fact stems from a combination
of a low specific heat and a low allowable temperature rise. Methane,
which has an impulse somewhat better than that of jet fuel, has also a
somewhat better cooling capacity. The two cooling capacities of methane
(28.6 for the combustor plus nozzle and 15.2 for the inlet and diffuser)
can be combined into a single value if the proporticn of the total heat
load in each engine component is known. If it is assumed that three-
quarters of the total heat load is in the combustor and nozzle, and one-
quarter is in the inlet and diffuser, the over-all cooling capacity of
methane is 25 percent that of hydrogen. This may be sufficient for some

-
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applications. But when both cooling capacity and impulse are considered,
none of the fuels measures up to hydrogen. All the subsequent heat-
transfer calculations were, therefore, based on hydrogen fuel.

Of course, not all the heat-sink capacity of the fuel is available
to cool the engine. In a regenerative cooling scheme the engine walls
become a rather complex heat exchanger. An analysis has shown that such
a heat exchanger using hydrogen fuel can be 80 to 85 percent efficient at
Mach 7. In addition, some of the cooling capacity may be required to
cool the airplane structure, the instruments, and the payload. These
other uses, together with the 15- to 20-percent heat-exchanger losses,
have led to the assumption that 50 percent of the fuel cooling capacity
is available to cool the engine.

Total heat load. - The heat flux throughout the engine was integrated
to yield the total heat load. The effects of Mach number, altitude, and
pressure recovery were investigated for the engine with an internal com-
pression inlet. An inlet diameter of 10 feet and wall temperatures of
2000° R in the inlet and diffuser and 2500° R in the combustor and nozzle
were chosen. Next, the effect of wall temperature was investigated for
the same 10-foot engine; the effect of engine size was also calculated.
Finally, the effect of other inlet types on total heat load was analyzed.

Effect of Mach number: In figure 4 the heat load, relative to the
cooling capacity, is plotted as a function of Mach number. An altitude
schedule corresponding to a constant dynamic pressure of 400 pounds per
square foot and a pressure recovery schedule corresponding to a kinetic
energy efficiency of about 92 percent were chosen. If 50 percent of the
heat-sink capacity of the hydrogen fuel is available to cool the engine,
a limiting Mach number of slightly over 8 can be reached.

Effect of altitude: It is well known that the heat load decreases
with increasing altitude. But, for a fixed inlet size, the airflow (and
hence, the fuel flow) decreases with increasing altitude; this causes a
reduction in heat-sink capacity. The net result is that the heat load
increases relative to the cooling capacity as the altitude is increased.
However, as shown in figure 5, this increase 1s not very pronounced at
Mach 7.

Effect of total-pressure recovery: The effect of total-pressure
recovery for a family of similar internal compression inlets is rather
interesting in that two opposing factors are of importance. As the pres-
sure recovery is increased, the local heat flux increases. But at the
same time the wetted areas of the subsonic diffuser, the combustor, and
the exhaust nozzle are reduced. The resulting total heat load is shown
in figure 6. For the conditions of these calculations, the heat load
peaks at a pressure recovery between 0.15 and 0.18. But the over-all
effect of pressure recovery (for geometrically similar engines) is very
small.
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Effect of metal surface temperature: Up to this point all results
were presented for the rather high surface temperatures of 2000° R in the
inlet and subsonic diffuser and 2500° R in the combustor and exhaust noz-
zle. Although these temperatures are high, they are not completely un-
realistic; alloys are now being developed that have satisfactory strength
at temperatures approaching 2500° R.

However, if the high temperatures cannot be maintained, it is still
possible to cool the engine by using a larger portion of the cooling
capacity of the fuel. The effect of surface temperature on the ratio of
heat load relative to cooling capacity is shown in figure 7. This ratio
increases with decreasing surface temperature for two reasons: First,
the local heat flux is increased as the difference between the wall and
the adiabatic wall temperatures increases; second, the heat-sink capacity
of the fuel decreases as the maximum fuel temperature decreases.

If only 50 percent of the heat-sink capacity of the fuel is availsble
to cool the engine, the minimum allowable surface temperature is about
2000° R (fig. 7). This minimum can be decreased slightly by applying a
high-temperature insulating coating, as shown by the dashed line in fig-
ure 7. A 0.05-inch coating of zirconia can be used to reduce the average
metal surface temperature by about 100° without raising the heat load.
(The previously mentioned numbers, of course, apply only at the specified
conditions: namely, My, 7; altitude, 120,000 ft; inlet diameter, 10 ft;
fuel, hydrogen.)

The penalty for applying a high-temperature coating is the resulting
increased engine weight. The 0.05-inch coating, when applied to the ref-
erence engine, adds 30 to 40 percent to its weight. 1In a practical ap-
plication, therefore, coatings should be applied only in regions of high
heat flux, because they are most effective in these regions.

Effect of engine size: ©So far all results were for an engine with
the rather large inlet diameter of 10 feet. An engine of this size may
be required for missions of semiglobal range. But for shorter ranges,
such as the intercontinental mission, smaller engines are wanted. The
effect of engine size at a Mach number of 7 and an altitude of 120,000
feet and with hydrogen fuel is shown in figure 8. The heat load increases
rather rapidly relative to the cooling capacity as the engine size is
decreased. For S50-percent heat-sink utilization the minimum allowable
inlet diameter is 4 feet.

Comparison of several inlet types: As mentioned earlier, the para-
metric study of heat loads was made for an engine with an all-internal-
compression inlet. In order to start and control this inlet, rather large
area variations are required. The problem of cooling large movable com-
ponents is exceedingly difficult. Also, with this type of inlet, large
quantities of hot boundary-layer bleed flow must be handled. The inlet
therefore does not appear to be very practical for application at high
hypersonic speeds.

I-¢6Ly
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In figure 9(a) the total heat loads of several other inlet types are
shown. These inlets are drawn schematically in figure 9(b). All engines
were sized for equal thrust at a Mach nunmber of 7 and an altitude of
120,000 feet. The inlet types are described in the following table:

Engine Inlet type Total-pressure
recovery

A Internal compression 0.1z
B Three-dimensional isentropic spike,

external compression 0.12
C Three-dimensional isentropic spike,

rapidly expanding diffuser 0.12
D Three-dimensional isentropic spike,

external plus internal compression 0.25
E Two-dimensional isentropic wedge,

external compression 0.1z
F Two-dimensional isentropic wedge,

external plus internal compression 0.12
G Two-dimensional single wedge 0.04

Engine A is the reference engine with the internal compression inlet.
Its total heat load is unity. About one-half of the heat load is in the
exhaust nozzle, one-fourth in the combustion chamber, and the remainder
in the inlet and subsonic diffuser. The total load is relatively low
because the regions of high heat flux occur where the surface areas are
small. (Surface areas in square feet are indicated by the numbers in

fig. 9(b)).

Engine B is three dimensional with an isentropic external-compression
inlet. The supersonic inlet has a very low heat load because it can ra-
diate to the atmosphere. The subsonic diffuser, on the other hand, has a
very high heat load that results from a large surface area in a region of
high heat flux.

The heat flux in the subsonic diffuser can be minimized by providing
a rapid area expansion or perhaps by allowing the flow to separate. Engine
C is identical to engine B, with the exception that the area in the sub-
sonic diffuser is expanded rapidly. The heat load for this component was
computed with the assumption that the flow remains attached. With this
modification, the total heat load of the inlet with external compression
is slightly less than that of the internal-compression inlet.

Engine D represents another modification of engine B. The pressure

recovery was increased from 0.12 to 0.25 by incorporating some internal
compression in addition to the external compression. This modification
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increased the heat load in the supersonic inlet and decreased the nozzle
heat load. The changes in the subsonic diffuser and combustor heat loads
were minor. The total heat load of engine D is somewhat higher than that
of engine B.

Engines E and F both have two-dimensional inlets with isentropic
compression surfaces. Engine E has all external compression, while engine
F has combined internal and external compression. Pressure recoveries of
0.12 were assigned to both inlets. The internal compression again raises
the heat load of the supersonic inlet. The total heat load of engine E
is about 30 percent higher than that of engine A, while the heat load of
engine F exceeds that of the reference engine by 50 percent.

Engine G has a two-dimensional single-wedge inlet with a total-
pressure recovery of 0.04. Its total heat load is relatively low and can
probably be reduced further by modifying the subsonic diffuser.

Closed cooling cycle. - It has been shown that at Mach 5 only about
15 percent of the cooling capacity of hydrogen is needed to cool the
engine. Therefore, methane might also be satisfactory for cooling up to
Mach 5 or perhaps even Mach 6. But at Mach 7 and above, more than 30
percent of the cooling capacity of hydrogen is required for the engine
alone. None of the other fuels that were considered have even this much
cooling capacity with stoichiometric combustion. From coocling considera-
tions it must therefore be concluded that hydrogen is the only practical
fuel for flight at high hypersonic speeds if a regenerative cooling sys-
tem is to be used.

A different type of cooling system not using the fuel as a coolant
was also investigated. It was shown in figure 2 that the external sur-
faces of the engine are at temperatures below the material limits. It
may therefore be possible to transport the internal heat to the externsl
surfaces and to radiate it to the atmosphere. This system is shown sche-
matically in the upper part of figure 10. The heat picked up along the
internal surfaces is carried to the external surfaces through a heat
exchanger, probably of the liquid-metal type. A pump for the heat-
exchanger agent is also required.

The performance of this system is shown in the lower part of figure
10. The dashed line represents the heat to be removed for the conditions
indicated at the top of the figure. If the external surfaces can be
maintained at a temperature of 2400° R, the system is good at Mach numbers
even above 9. But the 2400° R temperature allows for only a 100° tempera-
ture drop in the heat exchanger; this may be very unrealistic. If the
external temperature is kept at 1900° R, the closed cooling cycle cannot
be used at Mach numbers much above 5. These results should, however, be
qualified. First of all, they apply only for a very specific set of con-
ditions. Second, the external engine surface area was used as a radiator

I-¢6LY
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surface. This area would be decreased if the engine is not free to ra-
diate in all directions; it could also be increased by using other parts
of the aircraft surfaces as radiators.

The system has some inherent disadvantages. It would probably be
quite heavy. All parts of the engine structure would be very much hotter
than in a fuel-cooled system. The development of a liquid-metal pump 1is
also required.

If hydrogen fuel is acceptable, a regenerative cooling scheme is
probably the simplest and most practical. TIf for some reason the use of
hydrogen is ruled out, a cooling cycle such as shown in figure 10 will
have to be developed.

CONCLUDING REMARKS

The results of a preliminary study of the cooling requirements of
ramjet engines have been presented. Although the general trends and
approximate magnitudes of these results are believed to be correct, the
exact values and cooling limits are probably a function of the assumptions
inherent in the analysis.

Perhaps one of the major assumptions lies in the use of a stoichio-
metric fuel-air ratio. The cooling capacity is almost directly propor-
tional to fuel-air ratio. Therefore, all the cooling limits can be in-
creased by burning at equivalence ratios greater than 1; of course, the
specific impulse is thereby decreased.

The low bleed flow requirements and the absence of moving parts
suggest the use of an external-compression inlet for flight at high hyper-
sonic speeds. The cooling requirements of this inlet need not exceed
those of an internal-compression inlet.

At Mach numbers of 7 and above, regenerative cooling is probably the
simplest and most practical scheme. Fuels such as jet fuel, diborane,
and ethyl decaborane are ruled out because of their almost negligible
cooling capacity. Methane may give satisfactory performance up to some
low hypersonic speeds.

The calculated results indicate that hydrogen fuel is outstanding for
the purpose of regenerative cooling at Mach 7 and above, in that it has
both a high heat capacity and a high heat of combustion.
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3. ENGINES

By H. M. Henneberry, A. V. Zimmerman, J. F. Dugan, W. B. Schramm,
R. Breitwieser, and J. H. Povolny

INTRODUCTTON

Present air-breathing engines and those being developed are capable
of unassisted flight to Mach numbers of 2.0 or 3.0. This paper investi-
gates the potentialities of air-breathing engines at Mach numbers above
3.0. Suitable engine types have been described in paper 1. A comparison
of these engine types over a range of flight Mach numbers is presented in
figure 1. Thrust per unit airflow is used as a measure of engine feasi-
bility for four general classes of air-breathing engines: high-pressure-
ratio gas turbines, low-pressure-ratio gas turbines, conventional ramjets,
and high Mach number fuel-rich ramjets.

The high-pressure-ratio gas-turbine engine 1is included for reference.
It is typical of present-day turbojet engines capable of flight to Mach
2.0. A sea-level compressor pressure ratio of 12 and full afterburning
have been assumed for this engine, and its Mach number potential is lim-
ited to 2 or 2.5. The low-pressure-ratio gas turbine can be character-
jzed by an afterburning turbojet engine with a sea-level compressor pres-
sure ratio of 2 or 3. It is inferior to contemporary engines at sub-
sonic Mach numbers, but it can produce useful thrust to Mach numbers of
4 or 4.5. Analysis has indicated that the poor subsonic performance of
this engine can be tolerated in missions requiring all-supersonic cruise
at Mach numbers above 3.

As Mach number increases, the conventional ramjet becomes an attrac-
tive powerplant. However, below Mach 2.0 its thrust falls rapidly; -it
requires low-speed thrust assistance. Conventional ramjet thrust also
falls off at the higher Mach numbers, and the fuel-rich ramjet becames
the superior powerplant. The fuel-rich ramjet would also need thrust
assistance at low speeds, but preliminary calculations indicate it may
produce useful thrust to Mach numbers as high as 18. The performance
of this engine is indicated as an area rather than a line because the
analysis of this cycle is still preliminary and definitive results have
not been obtained.

5
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This paper will treat in order the low-pressure-ratio gas turbines,
the conventional ramjet, and the fuel-rich ramjet. The major emphasis
will be on their long-range supersonic mission capabilities.

LOW-PRESSURE-RATIO GAS-TURBINE ENGINES

For the low-pressure-ratio gas-turbine engines, all-supersonic Mach
4,0 missions are emphasized. Split missions (i.e., subsonic c¢ruise and
supersonic dash) are not treated, since calculations indicated no advan-
tages for this mission when the supersonic portion is at Mach 4.0. Fur-
thermore, the engine-airplane combinations of this analysis are assumed
to be capable of unassisted flight over the entire mission; that is, they
are capable of climb, acceleration, and cruise without external thrust
asslistance. Obviously, some compromises in the direction of rocket
assist, such as small Jjet-assisted takeoff units for takeoff or tramsonic
accelerations, could be made without a great sacrifice in airplane flex-
ibility. In order to demonstrate the potentialities of the gas-turbine
engines for unassisted flight, such compromises are not assumed.

A variety of gas-turbine engines has been proposed for high-speed
flight. In this paper, four representative types are examined: the
turbojet, the fuel-rich turbofan, the air-turborocket, and the hydrogen
expansion engines. Actually, a strong similarity exists among these en-
gine types. This similarity is indicated in figure 2, which illustrates
the components cammon to all the engine types. Detailed descriptions of
these engines are presented later. In figure 2 the upper vertical vector
represents the heat input into the afterburner necessary to cbtain the
cycle temperature, and the lower vertical vector represents the heat that
must be removed to cool critical engine areas. The torque vector repre-
sents the shaft work that must be provided to drive the fan or compressor.
The engines differ primarily in the means used to provide this shaft
work, which ranges from essentially an air-driven turbine in the turbo-
jet to a fuel-driven turbine in the hydrogen expansion engine. All the
engines require an inlet diffuser, an afterburner, an exhaust nozzle, a
nacelle, and a compressor or fan. The weight estimates of this analysis
indicate that these components account for over two-thirds of the total
engine weight. Therefore, only small differences in over-all weight
were revealed in analyzing the various gas-generator types.

The turbojet engine will be examined in some detail because 1t is
the most familiar engine type and because its over-all potentialities
are very attractive in the Mach 4 speed region. The other three cycles
will then be examined briefly and all four engine types will be compared
before the higher speed regions are discussed.
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Turbojet Engine

Component design. - Compressor: Operating a turbojet engine up to
a flight Mach number of 4.0 results in a number of severe compressor
problems, and special provisions need to be taken in the compressor de-
sign to alleviate these problems as far as possible. For example, if a
conventional compressor, one suitable for a Mach 2.5 turbojet, is used
at Mach 4.0, three major problems will arise: (1) At Mach 4.0, the com-
pressor will be operating in rotating stall; (2) the compressor efficien-
cy will be low; and (3) the level of compressor weight flow will be low.

One solution to these problems is indicated by the compressor map
of figure 3, which shows compressor pressure ratio as a function of cor-
rected weight flow. Included on the map is an engine operating line with
operating points at various flight conditions indicated by the circles.
This compressor has three stages, and the map was obtained by analytically
stacking data from an experimental single-stage compressor. A photograph
of this single-stage compressor is included in figure 3.

To obtain the performance shown on the map, three changes from con-
ventional practice were made in both the compressor and the operating
line. The most significant change was using a low value of compressor
pressure ratio (2.3) at takeoff. The second change was moving the aero-
dynamic design point of the compressor from takeoff to near the Mach 2.0
operating point, as indicated by the location of the 100-percent-
equivalent-speed line. The third change was departing from conventional
constant-mechanical-speed operation. The mechanical speed of the cam-
pressor was increased 18 percent between the takeoff and Mach 3.3 and
then held constant to Mach 4.0.

The net effect of these changes is a compressor less sensitive to
rotating stall, with a wide range of high efficiency. The Mach 4.0 oper-
ating point is at 78 percent of design equivalent speed. It is in a re-
gion free from rotating stall and the efficiency is over 80 percent. The
corrected weight flow at Mach 4.0 is also high; it is 85 percent of the
takeoff weight flow, resulting in a good cruise specific weight of the
engine. More important, this small weight-flow variation between takeoff
and Mach 4.0 matches closely the critical weight-flow variation of simple
conical inlets. This avoids high suberitical additive drags at off-
design flight conditioms.

It should be noted that the improvements in Mach 4.0 engine perform-
ance effected by these compressor changes are obtained at a sacrifice in
low-speed performance. This is particularly true in using a low value
of takeoff pressure ratio. However, high compressor pressure ratios are
not beneficial at Mach 4.0, and compromises in low-speed engine perform-
ance were accepted in an effort to improve the Mach 4.0 performance.
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In view of the high stagnation temperatures at Mach 4.0, careful
consideration must also be given to the structural problems of the com-
pressor., Stagnation temperature on the order of 1600° R requires the
use of a super alloy for the compressor blades and disks. At Mach 4.0,
the actual tip speed of the compressor is 1085 feet per second, which
results in a centrifugal blade-root stress of 30,000 psi.

Turbine: The turbine for a Mach 4.0 turbojet engine also presents
some unique problems. Using a low value of compressor pressure ratio
results in a low turbine work output and a high turbine flow requirement,
which lead to long flat turbine blades. An example of the type of blade
that will be required is shown in figure 4. It is apparent that this
type of blade will lead to structural problems, especially of a vibra-
tional nature. Since turbine losses do not decrease with decreasing work
when high axial velocities are required, lower turbine efficiencies can
also be anticipated with a low turbine work output. With a single-stage
turbine, losses associated with the rotor and stator surfaces are prin-
cipally a function of axial velocity; and, as work output decreases, the
efficiency will drop.

One solution to the structural problem appears to be the use of un-
conventional aerodynamic designs to achieve a large chord taper. Taper-
ing the chord and giving the blade a more triangular shape will make it
less subject to vibrational problems by eliminating some of the flat
portions. Furthermore, tapering the chord will lower the centrifugal
stress in the blade by providing a more favorable area distribution.

Some experimental turbine work has been directed toward unconven-
tional aerodynamic design in an effort to get a sound structural blade
for this class of turbine. Figure 5 shows the results of some of these
tests. A photograph of the rotor from the single-stage turbine on which
the data were obtained is also included. In designing blades for this
rotor, aerodynamic compromises were made in order to obtain a tip-to-
root chord taper of 0.79 and an area taper of 0.33. The design-speed
performance is shown as turbine efficiency against turbine work. At the
design point, the efficiency is 82.5 percent. Even if aerodynamic com-
promises had not been made to favor structural requirements, a design-
point efficiency of only 83 percent would be expected. The fact that
only half a point in efficiency was sacrificed suggests that further
compromises in aerodynamic design should be investigated.

The small variation in efficiency over a range of turbine work is
also encouraging in that it suggests a degree of insemsitivity that
would be desirsble in actually operating a practical engine.

Afterburner: Figure 6 shows the afterburner temperature ratios and
pressures encountered with a hydrogen-fueled airplane over a typical
flight path consisting of takeoff, climb, and cruise at Mach 4.0. A
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curve for JP and EDB fuels is also included. The symbols represent the
conditions at the end of cruise, the square representing the conditions
in a typical JP or EDB engine and the circle representing the conditions
in a typical hydrogen engine. Because hydrogen-fueled airplanes inher-
ently have a lower density, they tend to cruise at higher altitudes and
thus will encounter lower afterburner pressures. However, even at the

end of cruise the pressure is 0.8 atmosphere, which presents no problem
for efficient combustion of hydrogen. The pressure at the end of cruise
for the dense fuels is 1.2 atmosphere, which again presents no problem.

The highest temperature ratio achieved over the flight path is
slightly over 2.4 and occurs at a Mach number of 0.9. Because the tem-
perature ratio is high during climb, the afterburner-inlet velocity must
be low. Also, with a low-pressure-ratio turbojet, the afterburner-inlet
density is low. These conditions of low velocity and low density lead
to large afterburner frontal area, which for the case under considera-
tion is about twice the compressor frontal area. This does not result
in any drag penalties, however, since the required inlet and outlet
areas for a Mach 4.0 turbojet are even larger than this. In addition,
the weight penalties will be minimized when hydrogen or boron fuels are
used, since short afterburner lengths can be obtained. This is not true
for the JP engine, where the afterburner is necessarily a long and heavy
component.

In a typical Mach 4 mission, more than 90 percent of the total air-
plane fuel is consumed in the engine afterburner. Therefore, in applying
boron hydride fuels to this mission it appears practical to consider the
use of the high-energy fuel in the afterburner only. Retention of JP in
the primary burner will avoid the troublesome solid-product problem in
the turbine and will have little effect on radius capability because
primary-burner fuel is such a small percent of total fuel.

Fuel system: For JP and EDB fuels, no new fuel-pump problems are
evident. Because heat input to these fuels will have to be kept to a
minimum, bypass-type pumps will not be satisfactory. This is already
true in the Mach 2.5 to 3.0 region. When hydrogen is considered, new
pump techniques will be necessary. In the turbojet these can be low-
pressure pumps, 8 atmospheres being the meximum required at any flight
condition. It appears likely that the fuel would not have to be pumped
at all during cruise, since a 2-atmosphere tank pressure would be suf-
ficient to feed the burners. This is particularly advantageous, since a
large part of the fuel would be vaporized during cruise because of heat
leaks into the tanks and lines at the high-temperature Mach 4 cruise con-

dition. Calculations have indicated that, with l% inches of tank insu-

lation, approximately 70 percent of the engine cruise fuel requirement
would be vaporized by these heat leaks. During climb, heat leakage to
the fuel would be much lower but combustor pressures would be higher.
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Therefore, a liquid-hydrogen pump would be required for this portion of
the flight.

In view of the high stagnation temperatures at Mach 4.0, it is nec-
essary to provide a cooling system for critical engine components such
as bearings and accessories. For hydrogen fuel, one attractive possi-
bility is the use of a fuel-to-air heat exchanger that would cool com-
pressor bleed air. This bleed air could then be diverted to the critical
engine areas. ©Such a heat exchanger could be small and light, since only
2 or 3 percent of the engine airflow would be required for cooling.

Cycle variables. - To obtain engine performance, the various mechan-
ical elements were combined into practical engine configurations. Engine
weights were then estimated, and both design and off-design engine per-
formance was analyzed. Engine performance was then evaluated in typical
long-range airplanes. In doing this, the radius capabilities of airplanes
of fixed gross weight were used as a criterion to establish desirable
values of the engine cycle variables such as compressor pressure ratio
and turbine-inlet temperature. The influence of both design and off-
design engine performance on the airplane is indicated in figure 7. Im-
pulse and total thrust are shown over a typical mission profile for two
hydrogen-fueled airplanes. One is powered by turbojet engines with
three-stage compressors and sea-level pressure ratios of 2.3, and the
other by engines with four-stage compressors and sea-level pressure ra-
tios of 3.0. The thrust shown is the total thrust for all the engines
installed in the airplane. A typical airplane drag curve is also in-
cluded so that thrust margins available for acceleration can be noted.

The climb path used consisted of acceleration at sea level to Mach
0.9, climb at Mach 0.9 to 20,000 feet, then climb and acceleration through
Mach 2 and 36,000 feet to Mach 4 and 70,000 feet, and then climb at Mach
4 to the cruise altitude. Cruise afterburner temperature for the engines
was 3000° R, and during climb the afterburner temperature was 4000° R.
At the end of acceleration, thrust margins are very high. However, after
acceleration, the altitude is increased and the afterburner temperature
is decreased to reach the cruise condition, where the thrust margin is
zero. During acceleration and climb, the thrust margins are large. Even
at Mach 1.5, where transonic drag losses are high, the thrust is almost
twice the drag. In this figure, engine drag losses have been charged
against engine performance. This accounts for the dip in the impulse
and thrust curves around Mach 1.5 where inlet additive drag losses are

high.

The airplanes of figure 7 had target altitudes of over 100,000 feet.
This resulted in large engine sizes and led to the large thrust margins
shown in figure 7. The high target altitude data were chosen in order
to separate the curves and facilitate their presentation. However, even
at a more optimum target altitude of 95,000 feet, the thrust was 50 per-
cent higher than the drag at Mach 1.5.

-
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The comparison between the two engines is typical of those encoun-
tered in most of the engine comparisons. In general, the important con-
siderations are thrust margin during climb and impulse at cruise. No
one engine is able to dominate both of these regions at once. During
the early part of climb, the engines with the four-stage compressors have
better thrust margins. At the higher Mach numbers the three-stage engines
have the larger thrust margins, and they also have a slightly higher im-
pulse at cruise. In this example, the differences are small because the
pressure ratios of the two engines are quite similar.

Compressor pressure ratio: The only way the trends of figure 7 can
be evaluated is to observe their effect on the total airplane radius, as
shown in figure 8. Airplane radius is shown as a function of sea-level
compressor pressure ratio. The airplane was hydrogen-fueled and cruised
at a Mach number of 4,0 with a target altitude of 95,000 feet. The pres-
sure ratios shown on the abscissa represent those obtained by using two-,
three-, or four-stage compressor designs. Radius has been normalized to
the value obtained for the three-stage engine. Thus a relative radius
of 1.0 is indicated at a pressure ratio of 2.3. The engines all had max-
imum turbine-inlet temperatures of 1900° R and cruised at optimum after-
burner temperature, which was near 3000° R in all cases. From figure 8
it appears that three- or four-stage compressor designs are best for the
Mach 4.0 mission. This same result was obtained for JP and EDB fuels,
even though airplane and altitude requirements were much different with
the higher-density fuels. For subsequent turbojet analyses, a three-
stage compressor is used.

Turbine-inlet temperature: The effect of turbine-inlet temperature
on relative radius is presented in figure 9. The airplane was similar
to the one investigated in figure 8, and the engine had a three-stage
compressor. Radius is normalized at 1.0 for a turbine-inlet temperature
of 1900° R.

The important aspect of this curve is its flat slope at high values
of turbine-inlet temperature. At cruise, the low-pressure-ratio turbojet
is very similar to a ramjet; therefore, the only purpose of a high
turbine-inlet temperature is to drive the compressor. With the low-
pressure-ratio campressor selected, modest turbine-inlet temperatures
are adequate. This engine had a turbine centrifugal stress of about
30,000 psi; consequently, even with good materials, 1900° R is near the
maximum temperature that could be used without turbine cooling. Severe
turbine-cooling problems would be encountered at the highest temperatures
shown in figure 9, especially in view of the high-temperature environment
in which the entire engine is immersed. Since radius increases are only
about 13 percent at the highest temperature, the uncooled turbine appears
to be a good selection. Better transonic inlet characteristics would re-
duce the importance of high turbine-inlet temperatures even more.

A



Selected design. - As a result of studying the component problems
and the cycle variables of the low-pressure-ratio turbojet engine, a
particular design was arrived at that appears suitable for the all-
supersonic Mach 4 mission under consideration. A layout of this engine
is presented in figure 10. The inlet, outlet, and afterburner are the
largest engine components, and the gas-generator section is rather small
by comparison. The engine has a three-stage compressor and a single-
stage high-flow uncooled turbine. The burners illustrated are suitable
for EDB or hydrogen. Use of JP fuel would require burners over twice as
long, with a consequent increase in engine weight.

The inlet is a two-cone axisymmetric design. Simple geometry var-
iation could be included, such as a translating forward spike to reduce
transonic additive drags. The outlet is a variable-convergent, fixed-
divergent ejector nozzle. Nozzle secondary air is obtained from com-
pressor bleed; and nozzle tertiary air, which is ducted to the perforated
divergent section, is obtained from the boundary-layer scoop at the inlet
shoulder.

The layout also includes a representation of a cooling-air heat ex-
changer. Compressor discharge air is bled off along the outer circum-
ference of the inlet diffuser of the primary combustor. This simplifies
the diffuser problem and saves some diffuser length. Part of this com-
pressor bleed is ducted to a heat exchanger located at the outer circum-
ference of the turbine rotor. If hydrogen fuel is used, the cold side
of the heat exchanger can be supplied with a portion of the engine fuel
flow. Part of the cooled bleed air is diverted to the engine bearings,
and the rest is introduced into the afterburner liner to cool the after-
burner shell and the variable convergent nozzle.

The weight of this engine would be about 65 percent greater than
the weight of a comparable ramjet engine. Control requirements are sim-
ilar to those encountered in present-day turbojets and can be met by ex-
isting techniques. The turbojet of figure 10 is not a good subsonic
engine. Best efficiency at Mach 0.9 is only about 70 percent as high
as the efficiency obtained by contemporary high-pressure-ratio turbojets.
But the engine appears to have adequate transonic thrust margins and is
well suited to the all-supersonic Mach 4 mission under consideration.

It has conventional components and could be developed in a minimum time
compared with the development time for the other cycles to be considered.
Tt is an attractive solution to the problem of flight at Mach 4.

Besides the turbojet engine, a variety of other gas-turbine cycles
has been proposed for Mach 4.0 flight. An investigation of these engines
together with their many variations revealed that a number of them are
suitable for a Mach 4.0 mission. The investigations also revealed a
gstrong similarity between these engine types. As a result of this simi-
larity, only three of the cycles are considered in detail here. In de-

o
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scribing the engines it will be apparent that the principal difference
between them lies in the method of work extraction used to cbtain the
power needed to drive the fan. These differences in work extraction
lead to different mechanical devices and determine the adaptability of
the engines to various fuels.

Fuel-Rich Turbofan

A number of turbofan engines suitable for a Mach 4 mission were in-
vestigated. One interesting variation that will be discussed is the fuel-
rich turbofan. In contrast to the turbojet, the fuel-rich turbofan ob-
tains shaft work from essentially a fuel-driven turbine. As a result,
this cycle is of interest only when hydrogen is used as a fuel.

A representative layout of the fuel-rich turbofan is shown in fig-
ure 11. The engine contains all the elements of a conventional turbofan:
that is, a fan that compresses the engine airflow, a bypass duct that de-
livers the fan air to the afterburner, and a separate campressor-turbine
unit that drives the fan. The cycle works as follows: at the fan exit,
about 10 percent of the engine airflow is bled off into a second compres-
sor, compressed, and delivered to a combustor. Here the engine fuel flow
is heated by fuel-rich combustion with the compressor air. The resulting
hydrogen-rich gases are expanded through turbines that drive both the com-
pressor and the fan. These fuel-rich gases are then diverted to the
afterburner where they provide the fuel for combustion. As is apparent
from figure 11, the compressor and turbines for this engine are small in
diameter compared with the fan. In order to achieve acceptable wheel
speeds on these components, a twin-spool version was assumed. The inner
spool consists of the compressor and a single-stage turbine, while the
outer spool consists of the fan and a two-stage turbine.

The cycle variables for this engine were studied, and for a Mach 4.0
application the following values were selected: a two-stage fan with a
takeoff pressure ratio of 1.7, a four-stage compressor with a takeoff
pressure ratio of 3.0, and a maximum turbine-inlet temperature of 2500° R.

Many of the component problems in the fuel-rich turbofan are similar
to those of the turbojet. For example, the fan and compressor have the
same problems as the turbojet compressor, and a similar approach could be
applied to their solution. The required fuel-pump pressures and weight
flows are comparable to those of the turbojet. The primary combustor
is not conventional, of course, because it is fuel-rich, but experimental
work has already been done at the NACA Lewis laboratory demonstrating
that this is feasible.

The afterburner problem, however, is more difficult. Current ex-
perience with hydrogen indicates that achieving short afterburner lengths
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and high combustion efficiencies requires using a multiplicity of fuel-
injection points and high fuel-injection velocities, which result in a
high-pressure-drop fuel-distribution system. The fuel-rich cycle, on
the other hand, requires a low-pressure-drop fuel-distribution system in
order to avoid high back pressures con the turbine that would reduce the
turbine work output. No solution to the problem of achieving an effec-
tive low-pressure-drop afterburner fuel-distribution system has as yet
been demonstrated.

Another difference between the fuel-rich turbofan and the turbojet
lies in the turbines. 8ince only 10 percent of the engine airflow passes
through the turbines of the fuel-rich turbofan, the turbine diameters are
small compared with the turbojet turbine. However, with this low flow
the turbine work requirement will be high - over 200 Btu per pound of
turbine flow. To keep the number of turbine stages to a minimum requires
taking advantage of the high sonic velocities of the hydrogen-rich tur-
bine gases by using high jet velocities in the turbine design. TFor the
fuel-rich turbofan, these considerations will lead to turbine designs
utilizing low values of blade- to jet-speed ratio; and experience indi-
cates a lower efficiency for turbines of this type.

The weight of the fuel-rich turbofan is comparable to that of the
turbojet. However, since this is a fuel-rich cycle, the control problems
for this engine will be more difficult than for a turbojet. In summary,
the use of a fuel-rich turbofen at Mach 4.0 appears feasible. However,
the engine will be substantially more complex than a turbojet, and it
will create a number of new and difficult development problems.

Hydrogen Expansion Engine

A third powerplant considered for the Mach 4.0 mission was a hydro-
gen expansion engine. One variation of this type of engine is shown in
figure 12. The engine airflow is compressed by the two-stage fan. Most
of the air then flows through a bypass duct to the afterburner. A small
amount of the fan exit air enters the primary combustor and burns fuel-
rich with hydrogen. The resulting fuel-rich combustion products pass
through the hot side of the heat exchanger and then mix with additional
hydrogen and the main body of bypassed air. In the afterburner, final
combustion occurs and the hot gas expands through the exhaust nozzle to
produce thrust.

The hydrogen starts out as a liquid in the fuel tank. First it is
pumped to a very high pressure and then it is used as a heat sink for
various cooling requirements. By the time 1{ reaches the cold side of
the heat exchanger, the hydrogen is a gas. After being heated, the high-
pressure high-temperature gas is ducted to a small three-stage turbine
which drives the fan through a suitable gear. The hydrogen from the
turbine exit is then inJjected into the primary combustor.
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A study of the hydrogen expansion engine has indicated that it is a
suitable powerplant for the Mach 4.0 mission and that numerous problems
would be encountered in developing such an engine. Although there are
no moving parts in the heat exchanger, a number of development problems
might be anticipated because of large temperature gradients throughout
and because of very high pressure on the hydrogen side. The fuel-pump
problems might be an order of magnitude more difficult than those for
the turbojet because of the very high pressures required by the hydrogen
turbine. Finally, the control of the hydrogen expansion engine is ex-
pected to be more complex than the control of the turbojet.

The hydrogen expansion engine shown in figure 12 was estimated to
be about 10 percent heavier than the turbojet engine. The hydrogen ex-
pansion engine could be used in performing the Mach 4.0 mission, but the
development problems appear to be many and difficult.

Air-Turborocket Engine

A fourth possible Mach 4.0 powerplant is the air-turborocket engine.
Fuels considered for the turborocket drives in the past have included
the monopropellants such as methyl acetylene, and many of the standard
rocket propellant combinations. The arrangement considered here is the
liquid-air turborocket (fig. 13).

In this engine, the cooling capacity of liquid-hydrogen fuel is ex-
ploited by using it to liquefy a sufficient quantity of air to serve as
the oxidizer in the rocket combustion chambers. Liquid hydrogen is
brought into the nacelle at high pressure and passed through the cold
side of the air-liquefaction heat exchanger. The hydrogen then passes
directly to the rocket combustion chambers.

The engine airflow is compressed by the two-stage fan. Most of the
air then flows to the inlet of the afterburner. A small portion of the
fan exit air is bled off into the heat exchanger where it is condensed
and collected and subsequently pumped at high pressure into the rocket
combustion chambers. Here, the air and hydrogen burn fuel-rich. The
resulting combustion products expand through the turbine which drives
the fan through a suitable gear. The fuel-rich turbine exhaust then
passes into the afterburner for final combustion with the main body of
bypassed air and additional hydrogen as required.

Many elements of this engine have development and application prob-
lems similar to those of the fuel-rich turbofan and hydrogen expansion
engines. An additional complication is icing in the air-liquefaction
heat exchanger at low altitudes where a significant amount of water is
present. Thus far, no practical solution to the icing problem has been

suggested.

W



The liquid-air turborocket engine appears feasible as a Mach 4.0
engine, provided its difficult development problems can be mastered.

Gas-Turbine Summary

The four cycles studied are quite similar once they are optimized,
or nearly optimized, for the long-range Mach 4.0 mission. A study of the
engines powering suitable airplanes revealed that the best target alti-
tude for hydrogen fuel is about 95,000 feet. With an airplane designed
for this altitude, the thrust-to-drag ratios are similar for all four
engine types, the minimum being about 1.5 to 1 at Mach 1.5. For an air-
plane of 300,000-pound gross weight, six gas-turbine engines would be re-
quired, each with a fan or compressor diameter of about 39 inches.

A camparison of the range capability of the four engine types is
shown in figure 14 as relative radius against target altitude for
hydrogen-fueled airplanes. Radius is normalized at the 95, 000-foot tur-
bojet point. Maximum differences are about 30 percent at the extremely
high altitude where radius capability is limited. At the more interest-
ing altitudes, 90,000 to 95,000 feet, total spread is only 10 percent.

The inlets assumed for the calculations of figure 14 were simple
axisymmetric designs with a minimum of geometry variation used to obtain
some reduction in transonic additive drag. Total-pressure recovery at
Mach 4.0 cruise was 0.57, which was obtained by assuming a 2-cone inlet
favorably located in the pressure field of the airplane wing. The di-
vergent portion of the exhaust nozzle was assumed fixed so that overex-
pansion losses were encountered at transonic conditions. If inlets and
exits with better off-design performance were provided, the spread among
the four engine types would be even less than that shown in figure 14,
This is true because off-design climb performance was an area in which
some engine differences were apparent, and these differences become less
important as inlet and exit performance improves.

Fram a consideration of radius capability and development problems,
the low-pressure-ratio turbojet engine shows the greatest promise for
the long-range Mach 4.0 mission. Some range advantage can be demon-
strated for other engines, especially at high altitude, but the advantage
is not large and can be expected to decrease as inlet and exhaust-nozzle
technologies improve. The turbojet is by far the simplest engine and
would require the least development effort. It is also most adaptable
to a wide variety of fuels.

The effect of cruise Mach number on turbojet radius is shown in
figure 15 for airplanes powered by a family of turbojet engines. At
Mach 3, engines with five-stage compressors and two-stage turbines were
assumed; at Mach 4.0, engines with three-stage campressors and one-stage
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turbines were used; and at Mach 4.5, similar engines were analyzed except
that turbine and compressor cooling were assumed. Target altitude varied
from 75,000 feet at Mach 3 to 100,000 feet at Mach 4.5. Radius, which is
normalized at Mach 4.0, continuously decreases as cruise Mach number in-
creases. For Mach 4.5 cruise, the engine is greatly complicated by cam-
pressor and turbine cooling. Moreover, climb fuel becomes a major por-
tion of total fuel. These considerations suggest that some sort of stag-
ing will be necessary to obtain long range at Mach numbers higher than
about 4.0.

RAMJET ENGINE

When staging is considered to obtain long range at cruise Mach num-
bers above 4.0, the conventional ramjet appears to be an attractive pow-
erplant. The mission for the ramjet is different from the mission for
the gas-turbine engines in that only missiles are considered. This mis-
sion is considered because staging is required and because the second
stage is relatively small and expendable. For this system, range is the
index of performance rather than radius. Because the missile design does
not have to be compromised for the presence of a crew, savings can be
effected; on the other hand, flexibility is sacrificed when the man is
removed from the airplane. 1In this study, no attempt is made to compare
these two weapon systems. Rather, ramjet capabilities are examined as
simply another way of flying long distances at high speed. Cruise Mach
numbers of 5 to 9 are considered, because it appears that the ramjet has
most to offer in this speed region.

The basic ramjet engine was assumed to be installed in a system
with a cambined missile-plus-rocket-booster weight of 150,000 pounds in-
cluding a payload of 10,000 pounds. A fuselage engine installation is
assumed because it results in longer range than the nacelle type. Al-
though several other fuels such as diborane and liquid methane were ex-
amined, the results are presented only for hydrogen because of its supe-
rior cooling and performance characteristics in the Mach number range
considered.

The effect of nozzle expansion on range is shown in figure 16 as
relative range against the ratio of nozzle-exit static pressure to am-
bient static pressure. Performance is for a cruise Mach number of 7 and
a target altitude of 110,000 feet. Chemical equilibrium was assumed
through the exhaust nozzle. As would be expected with the fuselage in-
stallation, meximum range occurs when the exhaust nozzle is fully ex-
panded. The ratio of exit to throat ares for maximum range is about 55.

In figure 17, the effect of burmer equivalence ratio on ramjet

relative range is presented for Mach numbers of 5, 7, and 9. Chemical
equilibrium was assumed to exist in the exhaust nozzle, and each Mach
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number curve is for optimum operating altitude. In general, optimum or
nearly optimum range is attainable over a wide range of equivalence ra-
tios. For example, at Mach S it is possible to operate at equivalence
ratios from 0.4 to 1.0 with only & 5-percent variation in range.

Figure 17 also shows that, as flight Mach number increases, the de-
crease in range with equivalence ratios greater than 1.0 becomes less.
Thus, if additional cooling capacity is required at the higher Mach num-
bers, it may be obtained with only a small sacrifice in range by operat-
ing fuel-rich. For example, by operating at Mach 9 with an equivalence
ratio of 1.25, an additional 25-percent cooling capacity is available
and range is only 10 percent less than optimum.

The fact that range decreases with Mach number is a result of hold-
ing the missile-plus-booster weight constant. If missile weight were
held constant, the range would be about the same at each Mach number.

One of the greatest uncertainties involved in ramjet-powered flight
is concerned with the expansion process in the exhaust nozzle; the ques-
tion is whether there is sufficient time for chemical equilibrium to ex-
ist or whether all or part of the process is frozen. A rough calcula-
tion made for the Mach 7 engine indicated that there was sufficient time
for vibrational equilibrium to exist, but the calculation was inconclu-

sive with respect to reassociation. It has been estimated that the actual

process in the exhaust nozzle is closer to that for chemical equilibrium
than for frozen camposition; but at the present time no reliable or
accurate data exist.

The effect of expansion processes on ramjet-engine efficiency is
shown in figure 18, in which efficiency is plotted against flight Mach
number for the two processes of complete chemical equilibrium and frozen
composition. The latter process assumes no reassoclation but does allow
for specific heat (vibrational) adjustment with temperature. Two curves
are shown for the frozen-composition process. The upper one is for the
optimum altitude at each Mach number, and the lower one is for altitudes
20,000 feet higher than optimum. Although the differences in the two
processes are small at Mach 5, both the differences in the two processes
and the effect of altitude on the frozen-composition process increase
considerably with increasing Mach number., This means that, if ramjets
are to be used at Mach numbers over 5, it is essential that data be ob-
tained which will indicate the nature of the actual process. Work in

this area is being conducted at the lewis laboratory at the present time.

An indication of the general performance trends of the ramjet pro-
pulsion system with Mach number is presented in figure 19. Specific
impulse and over-all efficiency are plotted against flight Mach number.
Although specific impulse decresases with Mach number, its value at Mach
9,0 is still over 2000 and is thus superior to that of a rocket. The

I-¢6L¥



4793-1

67

decrease in specific impulse with Mach number is largely a result of the
increased amounts of dissociation and the resulting inability to get an
appreciable temperature rise across the combustion chamber.

The over-all efficiency, on the other hand, increases slightly as
flight Mach number increases from 5 to 9. The over-all efficiency does
not peak below Mach 9 because of the fuselage installation, which allows
full or nearly full expansion in the exhaust nozzle. Naturally, if
chemical equilibrium is not achieved in the exhaust nozzle, the perform-
ance at the higher Mach numbers will be below that indicated. However,
if the expansion process is near that for chemical equilibrium, thrust
and fuel consumption will not limit the performance attainable; the lim-
its undoubtedly will be set by the cooling considerations.

A Mach 7 ramjet engine designed for a fuselage ingtallation is shown
in figure 20. An engine such as this weighing about 1500 pounds could
power a missile of about 30,000 pounds. Exhaust-nozzle-exit diameter

would be about 7% feet, and the divergent section would be about 7 feet

long. This nozzle should be capable of achieving a velocity coefficient
of about 0.96. The combustion chamber, 2 feet in length and l% feet in

diameter, would provide a burner-inlet Mach number of about 0.3. The
double-wedge external compression inlet, which is not quite as long as
the exhaust nozzle, would have an over-all kinetic-energy efficiency of

slightly over 90 percent. With the 5%-atmosphere pressure and the

4000° R temperature at the inlet to the combustion chamber, a combustion
efficiency of 95 percent should be easily obtailned with hydrogen fuel.
A1l parts of the engine would be Jjacketed and fuel-cooled. It appears
possible to build such an engine within the limits of present-day
technology.

FUEL-RICH RAMJET ENGINE

The thrust of the conventional ramjet drops rapidly as Mach numbers
of 10 are approached. This thrust loss can be eliminated by large in-
creases in fuel flow, which leads directly to the fuel-rich ramjet cycle.
The objective here will be simply to demonstrate high thrust capability
for this engine, together with the possibility of reasonable specific
impulse over a large Mach number range.

The conventional and fuel-rich ramjets are contrasted in figures 21
and 22. Enthalpy per pound of air is plotted against engine axial sta-
tion for a conventional Mach 3 ramjet (fig. 21) and for a fuel-rich Mach
17 ramjet (fig. 22). The kinetic energy of the Mach 3 air is converted
to about 170 Btu per pound in the diffuser. Fuel is added in the com-
bustor, and the heat released increases the enthalpy to about 1120 Btu
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per pound. Expansion of these gases then converts the enthalpy back to
kinetic energy. The net thrust attainable from this high-velocity gas
is shown in the bar graph as the difference between the exit and inlet
momentum. For conventional-ramjet operation, the incressed mass at the
exit contributes only slightly to the thrust.

The fuel-rich ramjet (fig. 22) operates on the same cycle. The stag-
nation enthalpy for Mach 17 operation is 33 times the Mach 3 value. The
heat of combustion is essentially the same because no more than the stoi-
chiometric amount of fuel can be burned. For this example, 0.58 pound
of fuel was used per pound of air. The excess fuel, about 0.55 pound
per pound of air, reduces the combustor temperature to about 3800° R.

The combustion gases expand to ambient pressure with an increase in
kinetic energy. The net thrust shown by the bar graphs results more
from the increased mass flow than from the increased velocity. In actual
practice, the jet velocity could be lower than the inlet velocity because
of incomplete expansion and internal losses. Thus, in actual practice
the net thrust is even more dependent on the increased mass flow.

To help evaluate the fuel-rich ramjet, a mission of boosting an air-
plane from a Mach number of 2 to about 18 was considered. The engine
was operated lean at the lower Mach numbers but rich at Mach numbers
higher than 7. Hydrogen was selected as the fuel, although other fuels
may be used. The fuel-air ratios were chosen primarily on the basis of
highest impulse, but sufficient fuel was used to provide cooling of the
internal and external parts of the airplane-engine combination. Also,
sufficient fuel was used to keep the combustor temperatures below the
point where severe dissociation and recombination problems are encoun-
tered. Maximum sllowable acceleration forces (tentatively selected as
4 to 7 g's) were obtained, thus demonstrating the high thrust capabilities
of the fuel-rich ramjet engine.

The configuration selected for this preliminary analysis is shown
in figure 23 along with engine performance. The flight vehicle is essen-
tially a two-dimensional wedge with fixed-area normal-shock inlets lo-
cated at the rear of the structures. At high Mach numbers, the inlets
captured most of the high-pressure air generated by the wedge. The ex-
haust exit area was fixed, while the exhaust throat area was allowed to
vary. An initial wing loading of 100 pounds per square foot was assumed
in calculating induced drag.

The performance curves of figure 23 are impulse as a function of
Mach number. The top curve is the net internal impulse based on the
exit mamnentum minus the inlet momentum. The lower impulse cuxrve is
based on engine thrust minus frictional, wave, and induced drag of the
aircraft and engine. Because this device must climb rapidly to avoid
excessive internal pressure, a gravity force associated with angle of
¢limb is also included in the lower curve., Very high impulse

S
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characterizes the low Mach number range. Impulse decreases as Mach num-
ber increases up to around Mach 12, where the curves level off. At Mach
18, the net impulse is about 300 seconds, and impulse including associated
drag is sbout 200 seconds.

Before the fuel-rich ramjet can be ccmpared with other propulsion
devices such as a rocket, the application must be considered. If the
mission is boosting a glider where the engine can be installed in the
large glider fuselage, net impulse values should be considered for com-
parison. If the application is a single stage of a satellite boosting
system, the lower impulse values, which account for propulsion-system
drag, are more significant.

The fuel-rich ramjet is an air-breathing powerplant whose perform-
ance is potentially attractive for flight Mach numbers up to 18. It
appears to be technically feasible, but more work is needed to indicate
its practicality.

SUMMARY

Air-breathing engines have been considered over a wide Mach number
range fram 4 to 18. For flight at Mach 4, several cycles can be consid-
ered. The best one appears to be the low-pressure-ratio turbojet, which
is competitive on a performance basis and could be developed in a minimum
amount of time using existing techniques. It is also most adaptable to
a variety of fuels.

From Mach 5 to 9, the "conventional" ramjet appears to be a feasible
powerplant. Its performance is excellent, and the cooling problems appear
capasble of solution, at least when hydrogen fuel is considered.

The fuel-rich ramjet may extend the usefulness of ajr-breathing en-
gines to Mach numbers as high as 18. It offers the possibility of high
thrust capability and, at the same time, high impulse over most of its
Mach number range.
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4. CONFIGURATIONS CONSIDERATIONS

By Roger W. Luidens, John H. Disher, Murray Dryer,
and Thaine W. Reynolds

This paper provides a bridge between the preceding discussions of
engines and the following discussion of the range capabilities of air-
planes. Hence, consideration is given to the aerodynamics of configura-
tions in terms of their lift-drag ratios and the effect of the propulsion
system on the configuration. Finally, some facters affecting airframe
structural weight are discussed.

The range equation is as follows:

1 - GL) < 4+ 24 R
s We Wg  Wg
where
I specific impulse

A velocity

Vg satellite velocity
engine weight

W structural weight
Wp payload weight

Wg @gross weight

At a specified altitude,

We 1

Wo L7D
The lift-drag ratio L/D is important because it affects the range di-

rectly and it also affects the range through the engine weight We. It
affects engine weight in such a way that increasing lift-drag ratios




decrease engine weight. The airplane structural weight Wy enters the

range equation in the same manner as the engine weight. Decreasing
engine and structure weights increase range.

Consideration will first be given to configuration L/D. The drag
of an airplane may be broken down in several ways. One way is (1) fric-
tion drag, (2) pressure drag at zero 1lift, and (3) drag due to lift.
Another classification might be (1) fuselage drag, (2) wing drag, and
(3) engine drag. Unfortunately, it is not possible to consider these
items as isolated topics. Therefore, although each of the items men-
tioned is discussed, it is always discussed in relation to the over-all
problem of achieving long range.

The lift-drag ratios considered today are much higher than those
considered several years ago. This fact is related in a large part to a
very fundamental effect - airplane size.

Two schematic airplanes, one with a gross weight of 20,000 pounds
and the other with a gross weight of 500,000 pounds, are shown in figure
1. The equation at the top of the figure is for the zero-lift drag co-
efficient of the airplane based on wing area CD,O‘ It is equal to the
zero-lift drag coefficlent of the wing CD,O,W plus the zero-lift drag
coefficient of the body based on the body area CD,O,b times the ratio

of body area to wing area Ab/SW' The latter ratio is necessary to make

the equation consistent. The so-called "square-cube law" states that, if
the linear dimensions of a body are increased, the areas will increase as
the square of the linear dimension and the volume will increase as the
cube. For example, if the size of the small airplane is doubled, the
wing area will be four times as big as the original area, and the volume
will be eight times larger than the original volume. If it is assumed
that the two airplanes shown in the figure have the same wing loading,
scaling up the small configuration will result in more volume in the body
than needed. 1In addition, there is relatively more usable volume in the
wing of a large airplane. This means that the ratio of body area to wing
area can be reduced; and therefore the last term in the drag equation is
reduced.

The airplane size also reduces the coefficients in the drag equation.
Figure 2 is the familiar plot of the variation of mean skin-friction co-
efficient with free-stream Reynolds number. This particular curve is for
a turbulent boundary layer at Mach 4. The coefficient that might be ex-
pected for a 20,000-pound airplane is about 0.001l3, and for a 500,000-
pound airplane is about 0.0010. The larger airplane has a lower friction
coefficient.

These two effects, reduction of skin-friction coefficient and reduced
body drag coefficient as a result of increased size, have been combined
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in a calculation of maximum lift-drag ratio as a function of gross weight
(on a log scale) in figure 3. The 20,000-pound airplane has a maximum
L/D of about 6.0, whereas the larger airplane has a value of about 8.5.
By increasing the gross weight still further, a point is reached where
all the necessary volume is readily available in the wing, and an even
higher L/D results.

The flight Mach numbers of interest have also increased over the
last several years. Figure 4 is a plot of friction coefficient against
Reynolds number for flight Mach numbers of 2, 4, and 7. Increasing MO
also tends to decrease the friction coefficient.. However, there is
another factor that influences (L/D)p ... One form of the equation for

maximum L/D 1is as follows:

B - 3L 2

Besides the drag CD,O’ the lift-curve slope dCL/da also enters into the
determination of (L/D)max' In general, the lift-curve slope decreases

more rapidly with increasing Mach number than the drag decreases. The
net result is that (L/D)max generally decreases somewhat with increasing

Mg- This effect will be evident in several of the later figures.

The drag of an airplane is also affected by the nature of the bound-
ary layer, whether it is turbulent or laminar. Figure 5, which shows
friction coefficients for laminar and turbulent boundary layers, indicates
that, if the boundary layer is laminar, the skin-friction coefficient is
considerably lower than if the boundary layer is turbulent. This decrease
in the friction coefficient may be reflected in a considerable increase
in the lift-drag ratio. Since this is the case, one should look into the
probability of obtaining laminar flow at the flight conditions being
considered.

Figure 6 shows a band of Reynolds numbers for a 60-foot-long surface
calculated for the particular altitude and Mach number variations shown
in the upper right corner of the figure. The points plotted are experi-
mental values and are some of the highest Reynolds numbers at which lami-
nar flow has been observed in free flight. The arrows on the points
indicate that the flow, in fact, was laminar at the last measuring sta-
tion on the body, and that transition to turbulent flow would have oc-
curred at higher values of Reynolds numbers than those indicated. The
fact that the range of Reynolds numbers of interest may be below values
at which laminar flow has been observed would indicate that a good chance
of obtaining laminar flow exists in these cases.

However, Reynolds number is not the only criterion for determining
the transition from laminar to turbulent flow. The effects of some of
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the additional factors that influence boundary-layer transition are shown
in figures 7 and 8. The Reynolds number of figures 6, 7, and 8 is based
on length from the stagnation point of the body and on free-stream condi-
tions. Figure 7 shows calculated transition characteristics for blunt-
nosed bodies at Mach 5 (based on data of refs. 1 to 4 and theory of ref.
5), and figure 8 presents flight and wind-tunnel transition data for
sharp-tipped bodies at Mach numbers of 3 to 5 (refs. 1 and 4). Both fig-
ures show the favorable effect of low wall to stream temperature ratios
on increased transition Reynolds number. The unfavorable effect of sur-
face roughness is shown by the decrease in transition Reynolds number at
a given temperature ratio. Approximate values of average surface rough-
ness for the "smooth" and "rough" data were 2 to 16 microinches and 200
microinches, respectively. The favorable effect of tip bluntness on in-
creased transition Reynolds number is apparent. This effect is due to
the lowering of Reynolds number and the increase of static temperature at
the edge of the boundary layer, as discussed in reference 5. The size of
the blunt tip required to achieve the favorable effect varies with model
length and with stream conditions. When the nose of the body is blunted
in order to enhance the chances for laminar flow, the added pressure drag
due to bluntness must of course be weighed against the decreased friction
drag. In addition, if the tip bluntness becomes too large, transition
may occur on the tip itself; thus, the amount of tip bluntness must be
carefully considered.

To illustrate the place of typical flight conditions in these curves,
a flight condition for Mach 5 at 100,000 feet altitude with a 60-foot-
long body at radiation equilibrium wall temperature is shown on the
coordinates of figures 7 and 8. If the body is blunt tipped the flight
condition lies in the laminar region for smooth bodies, but when roughness
is considered it appears likely that turbulent flow would exist over much
of the body. With a sharp-tipped body, the flight condition would be in
the turbulent region even with smooth surfaces. In order for the flight
condition to lie in the laminar region for the sharp-tipped body, the
wall would have to be cooled well below the equilibrium temperature.

Additional adverse effects on laminar boundary layers are caused by
control-surface-body or wing-body Jjunctures and protuberances such as
pilot canopies. The transition data shown are for bodies alone. The
limited amount of data available indicate that early transition to tur-
bulent flow is likely to occur aft of body-wing junctures.

The amount of wing friction drag can be large compared with the
total drag for configurations with large wings. Therefore the amount of
laminar flow that might be expected on a wing must be considered. Some
experimental data in figure 9 show the effect of wing sweep on transition.
The sketch defines the distance Xp where transition occurs perpendicular
to the wing leading edge. The distance, shown as a fraction of the dis-
tance for a zero-sweptback wing, is plotted as a function of the angle of
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sweep. The Mach 4 experimental data (ref. 6) agree quite well with the
cosine-cubed of the sweepback angle. If highly swept wings (650 to 75°)
are to be used, it appears very unlikely that significant runs of laminar
flow can be expected.

The boundary-layer discussion may be summarized as follows. On some
highly polished, slightly blunted research models, laminar flow has been
observed to very high Reynolds numbers. But on a practical airplane that
flys at angle of attack, has a pilot canopy and canard surfaces on the
fuselage forebody, and has skin joints, or on a wing that is highly swept,
long laminar runs seem improbable.

It is appropriate to discuss another point here. A hot, highly
stressed structure such as the wing will probably develop a surface wavi-
ness. This waviness will generate a pressure drag that is not usually
included in the form drag and is of‘ten charged to the surface drag. With
this waviness condition, the drag chargeable to the surface can be larger
than that calculated by assuming all-turbulent skin friction. (The
Missions Studies paper (5) assumes all-turbulent boundary layer in
calculations.)

Consider next the pressure drag, in particular as it relates to
fuselage design. There are two philosophies about fuselage design. One
is that the fuselage should house a given volume at the minimum cost in
drag. If this is the point of view, the analysis shown on figure 10 may
be made. The drag per fuselage volume is plotted against fuselage fine-
ness ratio Z/d. Increasing the fineness reduces the pressure drag but
increases the friction drag because the wetted area increases. (A sphere,
1/d = 1.0, has a minimum wetted area for given volume.) The sum of the
friction and pressure drag reaches a minimum at Z/d of gbout 25 in this
example. From an engineering point of view, this minimum drag is essen-
tially reached at l/d of 18 or 20. The airplane models with circular
fuselages have finenesses of 18 and 20.

A second approach to fuselage design is to find the fuselage shape
that will give the best airplane L/D. An example of the results from
such an approach is shown in figure 11. In this example the fuselage
volume and flight altitude are held constant. The lift-drag ratio is
plotted against the width to height ratio of the fuselage and against the
length over the equivalent diameter of fuselage. The upper curve is the
L/D of the wing alone, which is 8.3. The point at w/h =1 is for a
circular nonlifting fuselage, and at this point L/D of the wing-body
combination is 6.0. Carrying lift on the fuselage and widening it to
make it a better lifting shape increases the L/D of the wing-body com-
bination to a value approaching 7.0. For w/h = 4.0, the effect of equiv-
alent fineness is shown on the right side of figure 11. The best Z/d,
about 16, is somewhat less than the 1/d of sbout 25 for the previous
analysis.




There are other ways of generating lift from the fuselage. The Ames
configuration uses a half cone under an arrow wing. Antonio Ferri dis-
cusses still another design approach that might be applied to a fuselage
in the Journal of the Aeronsutical Sciences for November 1957.

The choice of design approach is related in part to the fuel-tankage
problem, as will be discussed shortly. The idea here is that, for a con-
figuration design to have the highest aerodynamic efficiency, all the
components of the airplane must do their share of the work. The fuselage
generates a pressure and friction drag; it should also generate its share
of the 1ift.

The next drag term to be examined is the drag due to lift, illus-
trated in figure 12. There are ways to minimize this drag term. 1In
supersonic flow with a conventional supersonic airfoil at angle of attack
(illustrated as a flat plate in the upper left corner of fig. 12), it is
evident that the resultant force vector for the airfoil lies perpendicular
to the surface and that a drag direction force D; equal to the resultant
force R times the sine of the angle of attack a exists. In subsonic
flow, illustrated at the lower left of the figure, camber and a rounded
leading edge on an airfoil make it possible to take advantage of leading-
edge suction and thus bring the resultant force vector, in the idealized
two-dimensional case, normal to the free stream and eliminate the drag
term. A concept that would apply this subsonic principle to supersonic
flow is i1llustrated at the lower right. Here a subsonic airfoil is swept
back so far that the Mach number normal to the leading edge of the airfoil
is subsonic. In this situation, leading-edge suction can be utilized to
bring the resultant force vector nearly perpendicular to the free stream.

Figure 13 shows calculated lift-drag ratios for this type of wing,
which has been called the oblique wing. The calculated values are based
on experimental section data for the 64A-506 subsonic airfoil section.
For comparison, calculated lift-drag ratios for a conventional supersonic

airfoil of 2%~percent thickness are shown by the dashed line. At a Mach

number of 2, the oblique wing shows over twice the maximum lift-drag
ratio of the conventional wing. Of course, the calculations shown apply
to the two-dimensional case. When finite aspect ratios are considered,
the values will decrease. Recent experiments with an oblique wing in the
Lewis 1- by 1-foot Mach 3 wind tunnel have yielded encouraging results.

It should be remarked that the oblique-wing concept is about 12
years old; and, although it appears to be very interesting, it evidently
has not been thoroughly exploited. Section data for airfoils up to 10 or
12 percent thick indicate that they may also yield good L/D. For very
large airplanes, using wings of such thickness, it is possible to conceive
a flying-wing airplane where all the required volume is in wing. Such a
flying-wing configuration would be expected to have a very high L/D.

This is certainly an interesting possibility.

CONEBENTIN
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This concludes the discussion of wing and fuselage drag. One topic
remains that can have a marked effect on the airplane configuration and
its lift-drag ratio; that is, the effect of the propulsion system - fuel
type and engine location.

Two fuels have been prominent in the discussions of the preceding
papers - JP fuel and hydrogen. One of the significant differences in
these fuels is their density. JP fuel has a density of 47 pounds per
cubic foot; hydrogen, 4.4 pounds per cubic foot. The effect of this den-
sity difference on the airplane configuration is illustrated by the two
models in figure 14. The JP airplane has a gross weight of 500,000 pounds.
The hydrogen airplane actually has a lower gross weight, 300,000 pounds,
but is almost twice as long. In addition, the hydrogen alrplane has a
larger ratio of fuselage to wing area. This has an adverse effect on the
L/D, as previously discussed.

The other propulsion-system factor of interest is the engine instal-
lation. Of course, the objective is to find a way to install the engine
to the mutual benefit of both the engine and the airframe.

Consider first the question of engine inlet location. There are a
number of reasons why it is desirable to locate the engine inlet under a
wing or fuselage to take advantage of the compression field there. Some
of these reasons are illustrated in figure 15, which shows two examples
of locating the engine inlet under a wing. First, the size of the inlet
is reduced from what it would be if located in the free stream. At Mach
4, the inlet area 1s reduced about 30 percent. At Mach 7, the area reduc-
tion is about 50 percent. This reduced inlet area for the turbojet engine
(M = 4.0) would ease the matching problem at lower speeds. Another rea-
son is that the Mach number ahead of the inlet is reduced below the free-
stream value, and this would tend to increase the pressure recovery of
the inlet. Also, shielding the inlet in this way would make the perform-
ance of the inlet insensitive to variations in angle of attack.

This inlet area reduction has an effect on the over-all engine pro-
portions, as illustrated in figure 16. Here the engine frontal area is
shown in a two-dimensional fashion for a Mach 4 turbojet installation.
Assuming that an exit static-pressure ratio of 1.7 is acceptable as a
compromise between the jet thrust and cowl pressure drag for a nacelle
installation, the top sketch illustrates the frontal area when the inlet
is located in the free stream. When the inlet is located under the wing
or body, the frontal area will be increased, as shown by the middle sketch.
If complete expansion is desired, the frontal area increases still fur-
ther, as shown by the bottom sketch. This increased frontal area can be
an advantage or a disadvantage, as illustrated by the configurations in
figures 17 and 18. Figure 17 shows the engines mounted in nacelles beneath
the wing. The pressure drag on the engines will be higher than it would be
if the nacelles were in the free stream, because the pressures and the
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frontal areas are larger. The configuration of figure 18 has the inlet
beneath the body. Complete expansion is utilized in the nozzle. The
pressure drag on the engine frontal area has been avoided because the
engine frontal area is hidden behind the main body frontel area. In
addition, the fuselage afterbody pressure drag, which is unavoidable
on the previous configuration, is decreased or eliminated.

Another way the engine can be used to improve the performance of the
configuration is to take 1lift from the exhaust Jjet. This can be done by
canting the Jjet downward. An example of this is given In figure 19 for a
Mach 4.0 turbojet. Relative range is plotted as a function of the angle
of jet cant below the flight direction 6. Airplane performance 1s often
calculated as if the jet is alined in the flight direction (6 = 0). By
canting the jet to the optimum angle, which is about twice the wing angle
of attack, a 4-percent gain in range is available. The size of this range
galn depends for one thing on the airplane L/D. For lower values of
L/D, the range gain would be larger. With respect to maintaining faired
external lines on the over-all airplane and avoiding unbalance moments,
it often is inconvenient to cant the exhaust jet more or less than the
wing angle of attack. A range gain resulting from canting the exhaust at
the angle of the wing, in this case 3 percent, exists in most airplane
designs.

Another consideration associated with engine inlet location is direc-
tional stability. Figure 20(a) illustrates an airplane with a circular
fuselage cross section and with the engine 1nlet located at the front.
This is a poor location with respect to stability, since, if the airplane
1s yawed slightly, the force required to turn the incoming air tends to
increase the yaw angle. The unstable condition is indicated in figure
20(a) by the "inlet" curve. The body is also directionally unstable;
this condition of instability for the inlet-body combination is also
indicated in figure 20(a).

The area of a tail required to make this airplane neutrally stable
at Mach 7 can be calculated. This configuration would be more stable at
lower Mach numbers, indicating that the condition that designs the tail
is the high Mach number. The addition of such a tail surface might
reduce the L/D of the configuration from 7.5 to around 7.1.

Figure 20(b) shows a configuration with the engine inlet located to
the rear of the airplane center of gravity and with a flattened fuselage.
This fuselage has the same volume as the circular one of figure 20(a).
The advantage of this flattening to obtain lift from the fuselage was
mentioned earlier. This shape also reduces the cross section of the body
normal to the yaw direction, and so directional instability of the body
is reduced. Since the engine inlet is behind the center of gravity, the
turning force tends to restore the airplane to the flight direction. This
combination, then, can be made directionally stable without the addition
of any tail surface. A tail surface might be required, however, for
proper control and dynamic characteristics.

T
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In figure 21 some experimental maximum lift-drag ratios are plotted
as a function of free-stream Mach number for several airplane concepts.
One scheme is the Ames configuration sketched in figure 22. This model,
tested in the Ames 10- by 1l4-inch tunnel, incorporates half of a hyper-
sonic body of revolution mounted beneath an arrow wing. The pressure
field of the body therefore produces lifting pressures on the underside
of the wing. The data shown as solid symbols in figure 21 were obtalned
at Reynolds numbers of 5.2x106 to 1x10° based on the model length of 7
inches. The Reynolds number decreased with increasing Mach number. The
maximum L/D varies from a little over 7 at Mach 3 and 4 to about 5 at
Mach 6.2.

Another configuration investigated recently in the Lewis 10- by 10-
foot tunnel is the flat-bottom design shown in figure 23. This fuselage
has a semielliptical cross section and a canopy that was necessary to
accommodate the sting and strain-gage balance assembly. The wing is
swept back at about 74° and is hexagonal in cross section. Thickness of
1/4 inch gives a thickness-chord ratio at the mean aerodynamic chord of
less than 1 percent. The wing is made of aluminum and is extremely flex-
ible, but no flutter was encountered. The data were obtained at Reynolds
numbers of 6.6x106, ZOxlOB, and 29x106, based on the body length of 13.2
feet, and at Mach numbers of 3.0 and 3.5. At Mach 3.0 the maximum L/D
of 6.9 at 6.6x10° Reynolds number was increased to 9.3 at Re; of
20%108. This is due in large part to the effect of Reynolds number on
the friction coefficient, which was discussed earlier.

Data for a third configuration are also shown. These data were ob-
tained for what might be called a conventional wing-body configuration
(fig. 24). The data shown are for the configuration without the engines.
At the high Reynclds number of 29x106 the data fall from about 6 at Mach
2 to about 5.5 at Mach 3.5. It should be emphasized that all these data
are for configurations without engine installatiouns or tail surfaces.

Consider again the range equation (eq. (1)). Several factors affect
the airplane structural weight WS/Wg. The discussion of inlets and out-
lets in paper 2 pointed out the large effect of the temperature environ-
ment on the engine design. The temperature environment around the air-
plane structure can also have an important effect on the sirframe
structural design and weight. Another item that can make a substantial
contribution to structural weight is the fuel tank. This is particularly
true for hydrogen. And, of course, this tank problem is aggravated by
its temperature environment.

Shown in figure 25 are radiation equilibrium surface temperatures at
selected locations on a typical airframe. These temperatures are shown
as a function of Mach number for the Mach number and altitude schedule
shown on the figure. The calculations are for turbulent flow with 0.8
emissivity. The lower curves show wing upper- and lower-surface

.
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temperatures at 5° angle of attack. At Mach 9, the wall temperature is
less than 1700° R. If necessary, the entire wing structure could be
built to withstand this temperature. At the wing leading edge, the tem-
perature exceeds 2400° R at Mach numbers above 7, and leading-edge cooling
would be required. The wing temperatures shown would also apply approxi-
mately to the upper and lower surfaces of the fuselage and to the fuselage
stagnetion region.

The amount of cooling required for the airframe is shown in figure
26. The airframe configurations are those chosen for the range calcula-
tions in the Mission Studies paper (5). Although it should be possible
to build a wing to withstand equilibrium temperature, it may be more
efficient structurally to have a cool internal structure. For that rea-
son, the cooling requirements have been based on 600° F internal wing
temperature. The leading-edge requirement has arbitrarily been taken as
1600° F, and the fuselage interior other than fuel tankage areas as 170°
F. Tbe use of 1 inch of insulation is assumed, where required. The
cooling requirement is expressed in percent of available cooling capacity
for hydrogen fuel. At Mach numbers of 4 to 5 only a slight amount of
cooling is required. At Mach 7, about 6 percent of that available is
needed, and at Mach 9 this has risen to 10 percent. It was shown in
paper 2 that about 50 percent of the availasble fuel cooling capacity is
required for the engine alone. Thus, the total required cooling capacity
for airframe and engines would be approximately 60 percent of the total
avallable cooling capacity of the fuel at Mach 9.0. The requirement is
conservative in the sense that a cooled wing structure is provided for.

With regard to fuel storage in the airplane, this discussion merely
presents some considerations indicating the order of magnitude of the
tank weights and fuel vaporization rates with hydrogen. Consider, first,
Just the weight of the tank shell required to house a given quantity of
fuel. As shown on figure 27, the weight of tank per unit welght of fuel
will be proportional to the surface-volume ratio of the tank and to the
thickness and density of the construction materials, and Inversely pro-
portional to the fuel density. If one considers making this tank from a
winimum-gage-thickness material (in this case 0.015-inch stainless steel),
the weight of the tank shell alone for hydrogen is shown by the middle
curve of figure 27 as a function of tank diameter. Since the surface-
volume ratio is inversely proportional to the diameter, the increase of
weight at small diameters represents one penalty connected with configura-
tions that require a small tank diameter. Tanks of the particular thick-
ness shown would have the maximum operating pressures shown on the curve;
that is, the yield limit would be reached at these pressures and any
desired higher operating pressure would require proportionately heavier
tanks.

Similarly, the weight of any insulation required would be governed
in the same manner, p and t ©being the density and thickness of the

-
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insulation. A curve of lnsulation weight for a 2-inch layer is also
shown. The use of this insulation will be discussed shortly. The com-
bined weight of a tank shell plus 2 inches of insulation, again for hydro-
gen, 1s shown by the top curve of figure 27. In the range of tank diam-
eters that are Involved in some of the configurations presented in the
following paper (6 to 7 ft), minimum tank weights would be in the neigh-
borhood of 15 percent of the fuel weight with present materials. The
higher density of JP fuels, 10 times that of hydrogen, would give much
smaller tank weights by these criteria.

The weight of insulation shown in figure 27 has been used in two
different ways, as shown in figure 28. 1In one way, which is labeled
"nonregenerative," the insulation is a simple barrier between the fuel
tank and the fuselage. Heat flowing into the fuel tank all goes into
latent heat and vaporizes fuel. The other way of using the same amount
of insulation is called a "regenerative" system. This scheme essentially
splits the insulation into two layers and permits vaporized gas to cir-
culate between the layers. Using this principle, it is possible to take
advantage of considerably more of the heat-sink capacity of the fuel than
in the nonregenerative system, which sbsorbs only latent heat. In effect,
in the regenerative system, heat that flows through the inner layer of
insulation goes to the vaporizing fuel, while gas circulating between the
layers intercepts and carries off a large portion of the heat flowing
through the outer layer.

A comparison of the performance wlth these two methods is shown in
figure 29 as a function of flight Mach number. The heat-transfer per-
formance of the insulation at the higher Mach numbers is related to two
different effects. One 1s the higher fuselage temperatures which lead to
greater heat-transfer rates. The other is the higher fuel-flow rate.
This higher fuel flow may be considered & counteracting effect, since the
general concern is with the rate of fuel vaporization compared to the
fuel-flow rate to the engines. 1In this illustration the higher fuel-flow
rates at the higher Mach numbers more than countersascted the effect of the
higher temperatures.

With the nonregenerative insulating scheme (top curve of fig. 29),
vaporization rates of the order of 60 to 70 percent of the fuel-flow rate
were calculated for a particular configuration over a range of conditions.
With vaporization rates of this order of magnitude, pumping large quanti-
ties of vapor fuel would be necessary. This increased pumping would re-
quire either higher-pressure tanks (using tank pressure as the pumping
means), which means heavier tanks, or vapor pumps, which also may be
large and heavy.

Using the regenerative scheme, calculated vaporization rates were
only 6 to 7 percent of the fuel-flow rate, or about one-tenth of that for
the nonregenerative system (fig. 29). It would seem, then, that some such
scheme as the regenerative one will be required to avoid the necessity for
handling large quantities of wvapor fuel.
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To summarize the ideas discussed in this paper, several models in-
corporating as many of the favorable features as possible were built and
are shown in figure 30. Figure 30(a) is a Mach 4.0 airplane of 500,000-
pound gross weight using JP fuel. Because tank weight is not a problem
with JP fuel, a flattened fuselage 1s used to develop fuselage lift. The
forebody 1s shaped in plan form for low center-of-pressure shift from
subsonic to supersonic speeds and is cambered in side view for self trim
without a canard surface. The shape of the bottom of the fuselage results
in a favorable pressure gradient. Since there 1is no canard surface, it
is hoped that a long run of laminar boundary layer will exist. The inlet
is located under the fuselage to take advantage of the compression exist-
ing there and to shield the inlet from angle-of-attack effects. It is
located behind the center of gravity to contribute to the directional
stability. The engine frontal area 1s hidden behind the fuselage, elim-
inating engine pressure drag and fuselage afterbody drag. The exhaust is
at the wing angle of attack to develop some Jjet 1ift. The airplane prob-
ably does not require airframe structural cooling.

The airplane shown in figure 30(b) is designed for Mach 4.0 using
hydrogen and has a gross weight of 300,000 pounds. Despite the lower
gross weight, the hydrogen-fueled airplane is about twice as long. Be-
cause fuel tankage is a problem of prime importance for the hydrogen air-
plane, only a partially widened fuselage was used. A canard surface was
chosen for trim and control. Most of the other features of the airplane
are consistent with those previously described.

The final airplane shown in figure 30(c) is an adaptation of the
oblique wing to an arrow-wing configuration. This type of configuration
shows great analytical possibilities below M = 3 or 4. More experimental
evidence is needed, however.

The ideas about airplane configurations and their lift-drag ratios
discussed in this paper have been incorporated in the range and mission
calculations that are presented in paper 5.
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5. MISSION STUDIES ) '5:9

By S. C. Himmel, E. W. Conrad, R. J. Weber, .
R. R. Ziemer, and W. E. Scull

INTRODUCTION

The preceding papers have discussed in some detail the elements that
go into the design of an aircraft sytem and have indicated the most
promising choices for each component. It is the purpose of this paper to
blend all of these elements into predictions of the performance capabili-
ties of complete aircraft systems. The aircraft systems investigated are
required to perform a particular mission - long-range supersonic bombard-
ment. Generally speaking, there are two ways of accomplishing such a
mission. The first, and most conventional, is to have a manned bomber
aircraft fly out to the target, deliver its payload, and fly back to its
base. The second is to send a guided missile on a one-way flight to the
target. Both of these methods have been considered.

The two methods of bomb delivery required the examination of aircraft
performance for the two zones indicated in figure 1, where altitude is
plotted against cruise Mach number. The class of turbine engines has
been considered only for the propulsion of manned aircraft. The zone of
application considered for such airplanes ranges over Mach numbers from
3 to 4.5 and altitudes from 60,000 to 110,000 feet. The ramjet engine
has been considered only for the propulsion of missiles. These missiles
were studied over a range of Mach numbers from Mach 5 to 8 and altitudes
from 80,000 and 130,000 feet.

To determine the performance potential of these bombardment systems,
series of airplanes and missiles were designed for their respective zones
of application and the radius or range obtainable was computed. In any
such analysis the results are highly dependent on the assumptions made.
Some of the major assumptions will be discussed herein. In presenting
the results, the effects of such variables as flight speed, target alti-
tude, fuel type, and system and payload weights will be examined. It is
neither the purpose nor intention of this paper to argue the merits of
any one system of payload delivery over another. Rather, it is desired
to present, in a factual manner, the performance capabilities the analyses
have indicated for the systems studied.

_ i




MANNED AIRPLANES

Engines

Of the gas-generator type powerplants discussed in paper 3, two of
the more promising types have been chosen for discussion of flight capa-
bilities in terms of absolute radius. These are a single-spool turbojet
and an air-turborocket with air liquefaction. Although some of the more
complicated engines such as the fuel-rich ducted fan and the hydrogen
expansion cycle indicated radii of the same magnitude, the turbojet was
chosen because, being a relatively familiar and simple engine, it would
require less time to develop and also it can accommodate various types
of fuels. The air-turborocket was chosen as a representative of the more
complicated engines that indicated a relative range somewhat greater than
the turbojet.

Some of the pertinent design parameters of representative engines
that appear to hold promise of good flight capabilities at Mach numbers
between 3.0 and 4.5 are listed in table I. For the Mach 3.0 engine,
designed for an altitude of about 65,000 feet, a sea-level compressor
pressue ratio of 5.0 was used. At the higher design flight Mach numbers
and altitudes where the engines operate more like ramjets, a sea-level
pressure ratio of 2.3 was selected. Turbine-inlet temperatures of 1900°
and 2500° R were chosen. The 2500° R temperature assumes either turbine
cooling or coated molybdenum turbine blades. This higher turbine-inlet
temperature indicates improvements in aircraft radius, but the engine
would be somewhat more complicated. For all engines considered, the
afterburner temperature during takeoff and acceleration is 4000° R. The
air-turborocket cycle with air liquefaction uses hydrogen as fuel. It
has a sea-level pressure ratio of 1.71 and a turbine-inlet temperature
of 2000° R.

In general, the mission capabilities to be discussed will employ
engines that have inlets and outlets with some variation in geometry. A
variable inlet was chosen to reduce additive drag during the transonic
flight conditions below that of a fixed inlet but far from that of an
ideal inlet with no additive drag. The ejector-type exhaust nozzle has
a varisble throat and a fixed divergent section. Penalties in nozzle
efficiency were imposed at flight conditions other than design.

Airframe Considerations

Airframe configuration. - The model shown in figure 2 illustrates
an airplane typical of those chosen to investigate the flight performance
afforded by turbine-type engines. Since this study was limited to vehi-
cles capable of unassisted tekeoff and acceleration to their supersonic
cruising speed, the design incorporates a series of compromises in order
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to achieve not only good supersonic radius in the range of flight speeds
from Mach 3 to 4.5, but also satisfactory low-speed acceleration
capability.

The particular model shown in figure 2 represents a hydrogen-fueled
aircraft designed to cruise at Mach 4.0 with a target altitude of 95,000
feet, while carrying a 10,000-pound payload. The actual airplane would
weigh 300,000 pounds and have a fuselage length of 300 feet. Salient
features are the highly swept delta wing, the canard control surface, and
the six underslung -engines with inlets within the pressure field of the
wing.

The airframe constitutes a design considered possible by an extension
of existing aerodynamic and structural practice. Alternative configura-
tions such as those discussed in paper 4 will probably provide improved
performance. However, this design will probably yield reasonable values
for radius with a minimum of additional unknowns beyond those implicit in
the use of hydrogen fuel.

Flight plan. - The flight plan during a typical mission is shown in
figure 3, where altitude is plotted as a function of flight Mach number.
The airplane takes off, accelerates, and climbs under its own power, fol-
lowing a path chosen to provide near-maximum radius after due regard for
structural limitations on both the engine and airframe. Cruise out to
the target and return are along a Breguet flight path at a constant super-
sonic Mach number. The airplane is required to have a 5-percent fuel
reserve when landing. In the radii presented, full credit is given for
distance covered during the initial climb and final descent phases of

flight.

Critical regions during the flight influence the optimum combination
of flight plan, engine design, and airplane design. A maximum cruise
radius is sought without incurring unsatisfactory transonic acceleration
or excessively long takeoff run. To achieve a good compromise among these
sometimes conflicting requirements, factors such as airplane gross weight,
design altitude, wing loading, and engine size have been varied. This
optimization procedure was repeated, at least in part, for every engine
design considered.

Airplane size and payload. - Before actual radii obtainable with such
manned aircraft are discussed, there are several other factors affecting
the flight analysis that should be considered. One of the more important
of these is aircraft size. As a first step, calculations of airplane
performance were made for several different gross weights; some of the
results are shown in figure 4. Relative radius is given as a function of
gross weight, where each point represents a different airplane.
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The best airplane size is largely determined by the load it is
desired to carry. The airplanes represented by the upper curve are de-
signed to deliver a payload of 3000 pounds and to have on board 5000
pounds of other fixed equipment; the lower curve is for a payload of
10,000 pounds and a fixed load of &bout 30,000 pounds. (Fixed load is
defined to include such items as controls and electronic and hydraulic
gear, etc.)

For both curves, increasing airplane weight improves the radius,
mainly because most of this additional weight can be put into fuel. Also,
as was noted in paper 4, the lift-drag ratio improves as airplane size
increases. The point is soon reached, however, beyond which larger air-
planes show no advantage. This optimum point is obviously different for
the two curves shown. Equally obvious is the fact that the lighter load
permits much better radii.

Payload weight is determined by the amount of destructive power the
target requires and by the accuracy with which the payload can be deliv-
ered. The fixed weight is determined largely by the ingenuity of the
manufacturers of airframe and accessories as well as by tactical considera-
tions. 1In order to arrive at realistic results, the examples of recent
proposals for similar aircraft were accepted, and it was decided to use a
payload of 10,000 pounds and a fixed weight on the order of 25,000 to
35,000 pounds. All of the following figures are based on these values.

After deciding the size payload and fixed weight that should be
carried, another factor must be considered before fixing an airplane
weight. This factor is the fuel used by the engine. The effects of
gross weight on radius and airplane size for two fuels, hydrogen and JP,
are illustrated in figure 5. For JP fuel, radius is still increasing
with gross weight at an airplane weight of 500,000 pounds. For still
heavier airplanes, the rate of increase rapidly diminishes. It was
therefore decided to compare all the JP-fueled airplanes on the basis of
the radius attainable with 500,000-pound airplanes.

For hydrogen-fueled airplanes, the radius also increases with gross
weight. TIn this case, however, additional factors enter the picture.
First, there is the problem of physical size. For the same gross weight,
a hydrogen-fueled airplane is much larger than a JP airplane because of
the much lower density of the hydrogen. As is shown at the top of figure
5, a 500,000-pound JP airplane is about 150 feet long, while the same
weight hydrogen airplane is about 360 feet long, a ratio of more than 2
to 1. A second factor to consider is the weight of the hardware going
into an airplane, which may be related to the construction cost. A JP
airplane grossing 500,000 pounds has about 60 percent of its weight in
fuel and thus has an empty weight of about 200,000 pounds. Because of
the low fuel density, only about one-third of the weight of a hydrogen
airplane is fuel, and a 200,000-pound empty weight is reached by a

I-¢6LY



4793-1

€
'
[
‘

103

hydrogen airplane grossing about 300,000 pounds. By striking a balance
among the factors of radius, airplane size, and empty weight, a gross
weight of 300,000 pounds was chosen for the hydrogen-fueled airplanes to
go along with the 500,000 pounds assumed for the JP airplanes. These
values are used throughout the remainder of the analysis.

Wing size. - From structural and aerodynamic considerations, a given
wing type was selected for the airplanes; that is, a delta plan form of

1.5 aspect ratio, with 2%—percent thickness ratio. The best wing size

must still be determined, however. The concepts involved in sizing the
wing for each application are indicated in figure 6. As a measure of wing
size, wing loading is plotted along the abscissa (where low values corre-
spond to large wings, and vice versa).

At the top of the figure, the cruise lift-drag ratio is shown for
airplanes designed for various wing loadings. For the conditions con-
sidered, the maximum L/D is obtained at a wing loading of 25 pounds per
square foot. Also shown are the lift-drag ratios obtained at a critical
area during the climb (Mach 1.5, 36,000 ft). Highest L/D 1is achieved
in this case at a much higher wing loading, as a result of the higher
ambient dynamic pressure at this flight condition.

Wing loading also affects the weight apportionment of the airplane.
Low wing loadings give large heavy wings. On the other hand, higher wing
loadings increase the airplane drag, thereby affecting the required engine
size. These factors in turn react on the fuel load, as shown by the
middle curve. The engine is normally made larger than needed for good
cruise performance in order to improve the low-speed thrust. This results
in fairly low cruise afterburner temperatures.

Combining these considerstions finally results in the variati